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ABSTRACT
(9851
This document is Volume II, the Problem De inition, of a
five-volume report compiled for the Marshall Epace Flight
C:nter by the Aerospice Division, Westinghoiuse Defense
and Space Center, Baltimore, {from industry studies con-
ducted for the purpose of consolidating and « xtending studies

of detection, tracking navigation and guidaice systems for
future space Mmiss ons.

Volume II establishes the nature, relative mportance, and
potential growth of missions to be attempted i1n the near
future and provides a Problem Definition t> serve as the
basis for the Analytical Solution of Volume III

In this volume, the general problem of de' ermining system
requirements for future space missions 1; developed into the
specific problem of the detern wation of i:avigation and con-
trol sensor requirements for lccal or onhoard guidance of

the manned or unmanned lunar mission. As a preliminary

to analysis, the lunar missions :s divided into phases. Those
considered for analysis are, in order of mission occurrerce;
M.dcourse Phase, Parking Orbit and Descewn. Phase, Lunar
Landing Phase, Lunar Ascert Phase, a:d Lunar Rendezvous
Phase. Trajectory and guidance models and an analytical
plar are developed for each phase for the subsequent analyses
conduct d in Volume III. #*“cth the Prcblem Definition and the
Analytica. Solution for Earth Orbital F.endezvous are con-
tained in Volume IV.

These studies have been organized a ong guidelines furnished
by MIL-D-8684A, paragraphs 3.4.3 1 and 3.4.3.°/.
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DEFINITION OF TERMS

Listed below are some common terms which are used often in this report.
The definitions pertair to the usage of these words in this report and are not
necessarily intended to be general.

mission - a particular type of space flight; e.g., manned lunar
mission, unmanned Mars mission, etc
phase - some time-segment of a space :nissiorn. which 1s signifi-

cantly different irom other time segments; e. g., mid-
course phase, landing phase, etc.

state - the complete specification of a space vehicle's transla-
tional location and motion; i.e., th-ree compcnents each
of position and velocity at a particular time.

observable - an observable is some measurable quantity which is re-
lated to the vehicle state, such as range or range rate.
guidance - a generic term covering the overall problem of causing

the space vehicle to arrive at some desired targct loca-
tion; includes Navigation, Guidance Logic, and Control
(see below).

— ESTIMATED
OBSERVABLES SENSOR | ESTMATION >
— STATE
' I l NAVIGATION
VEHICLE
STATE
t = | CORRECTION

COMMAND [®=={ PREDICTION }: )

CONTROL GUIDANCE LOGIC
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navxgation

guidance
logic

control

trajecto ry
nomzinal

Eizéj_ectorz

|

the subsystem of the guidance systemn in which the esti-
mated state of the vehicle is developed Includes sensing
(of observatles) and estimation.

the subsystem of the guidance system in which the esti-
mated state 1s used to compute some steering 2r correc-
tinn conimands which will cause the spacecraft to arrive
et its desired destination.

the subsv.tem of the guidance system in which control
coonmands are implemented with thrust control.

the time history of spacecraft position and velocity.
precomputed trajectory which 1« de.ined as the :rajzctory
which will be flown if no guidance system errcrs occur.



SUMMARY

The Problem Definition presented in this volume ihizs as its objective to
orovide a clear understanding of the problem to be solved and consists of a
general and a specific definition of the problem requirements derived from an
overali examination of the problem. Major categories requiring explicit def-
‘nition include the nature and priority rating of anticipated space missions and
the pertinent characteristics of traje<tories, guidance laws, and systems
relating to NASA's future space goals.

In Section i a brief histcry of the study program and its principal ovjectives
are given and the study methods used to perform the studies are described.

In Section 2 the various space missions and mission phases required to
define the scope of tre problem are discussed. An order of mission priority
is established os fcliows:

i. Manned Lunar Mission

2. Earth Crbitai Rendezvous

3, Unmanned Lunar Mission

4, Manred Inter /llanetary Mission

The iunar mission 1s nen divided into mission phases tor purposes of analysis
and a typical mission promnle, similar to the Apollo mission profile, is chosen
for analysis of the manned lunar mission.

In Section 3 a general statement of the guidance problems to be solved are
given along with the Part II study objectives. Emphasis on na-igation sensor
accuracy and limitation of the study to onboard systems is discussed.

In Sections 4 through 8 ti.e Lvnar Midcourse, Lurar Parking Orbit and
Descert, Lunar Landing, Lunar Ascent, and Lunar Rendezvous Phases of
the manned lunar mission are examined, and in these sections trajectory and
guidance system models are develcped preparatory to the Part II analysis of
Velume I

xi/xii
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1. INTRODUCTION

The continuing rapid advancement of United States space capability will
depend upon increasing present state of the a-t technical capabilities in many
areas. One of these areas, which will assume greater importance as more
complicated and more distant space missions are attempted, is guidance of
spacecraft. Most space flights to date have been relatively . mple from a
guidance standpoint for two reason-: '

a. Cround control of all operations has>been feasible due to the rela-
tive closene ss and visibility of tke space vehicle. E

LS ST R S N

* b. Guidance operations have beer theoretically straightforward in
most cases, Since the vehicle is in ba.lhstlc flight after burnout of =~ "7 3%y
the orbital booster. - : . . T
_ Although there have been some exceptions to the above restrictions,, such
as Syncom and Mariner, guidance operatiens on past-space missions have B
been relatively simple compared to guidance requirements on the Apollo
mission. Thus, it may be said that the Apollo mission will usher 1n a whole SRS
new era in space guidance since operations such as thrusting into a.lunar ) C S
orbit, lunar orbit deterrmnanon, lunar landing, lunar ascent, rendezvous, '~
" and return to earth will be 1equ1red These operations will be typical of
lunar and planetary migsions in the post- Apollo period.

" Over the past few years a large amount of literature has been generated - .
by various investigators in the axjeaé of lunar and interplanetary flight.
‘While it might have been expected that as a result of the many extensive _ ;
spaceflight research programs being performed many of the pcrformance " ) >
requirements fos guidance system sensors would have been analytically -
derived, verified, and published, in many areas this has not been the case. =
Many such studies eithsr analyze some small segment of a mission for a
special set of conditious und without regard for the cverall mission, or else
_are performed with the objective of demonstrating that a given sensor per- ‘
formance ig sufficient for some mission segmeunt withou: examination of _
what performance is necessary and without regard fos what sensor con&gwa- -
tions are optimum. Nevertheless, much of this material is useful to serve -
a8 a basis for the objective determination cf sensor requirements in areas ‘ o

- where this has not previously been done. SR

R
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In July of 1962, parallel contracts of seven months duration were issued
by the NASA Headquarters Office of Advanced Research and Technology, to
three contractors: Cornell Aeronautical Laboratory, Inc., Raytheon Co.

" Missile and Space Division, and the Aerospace Division of the Westinghouse

Defense and Space Ceater. The common objective of these studies was '"To
establish requirements for advanced spaceborne detection, tracking, and
navigation systems employed in manned and uninanned space missions''.
Specific tasks were:

a. Conduct a survey of available pertinent information and literature
and, on this basis generate a Problem Definitioa (Part 1 Engineering
Report) which establishes the nature, relative importance, and growth
potential of missions considered tfor the prescribed period and which
formulates an analytical study program for the objective determina-
tion of senzar performance requlremen s in areas where this has
not previously heen done. ‘

g h. Usmg the Problem Definition is an input, generate an Analytical
T Sclution’ (Part II Eng.neering Repnort) to determine sensor require-

<L ’_4 ments on the basis of requlred.system per ornance and consider

these in terms of present state of the art, for various sensor types.,

Theé contracts stated that. paragraphs 3.4.3.1 and 3. 4. 3 2 of MIL-D-8684A
(Aer) paragraph 3.4.3, were to be used as a guideline for conductlng the

L "studies.

- -7

. Techniéal cognizance at cohtract"inteption was vested with the NASA )
" Langley Research Center. Technical cognizance of the-last three months of
the contract duration was given to the Marshall Space Flight Center of NASA.

This _compilation report, Volume II, integrates the Part I cfforts of the three -
- contractors into a Part I Problem Deﬁmtmn for this compvilation report set :
of doc'.unents

11 DAMYMETHOD« -

. The study method of MIL-L'-8684A(Aer), para; graph 2. 4.3, is often
rPferred to as the DAMY (Definition, Analysm, Mechanization, Verification)
method and is frequertly used in the design of complex weapons systems for
the Navy. (Ref. 1-1) A block dJagra.{n of the method is shown in. fzgure i- l.
° In Fart], Problem Definition, the operanonal requv'ements and the f].xed
problem constraints are utilized as inputs to develop system concepts and
mafhemancal models for analysis of requirements., The Part ] ¢ utputs are «
inputs to Part II, Analytical Solution, in which mathematical analysis is
performed on the system concepts, utﬂlzu"g the analytical models developed:
in Part I.,” The result of this analysis is the set of functional requirements-and
constraints which will solve the model problem: generated in Part I, Note that
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Figure 1-1, Block Diagram of the DAMV Method of Systems Development

although state of the art in equipment development may be considered in Part B

I1, it is not one of the primary inputs and.dces not act ds a rigi? constramt I
on functional requirements. This notion is the key idea in the wholé DAMVS ., -
approach; i. e., functional reqmrements are developed somewha. apart from .,
specific hardware considerations, instead of determ1mng the performance
obtainable from a spec1f1c set of equipment.

» =
I

. Two advantages of this method are apparent: T :
a. Requirements are limited only by con51derat10ns of the basu
physics of the problem.-
b. The comparison between different equipments to perform the same
job becomes moie readily apparent,

In Part III, Mechanization, explicit system design and fabrication is under
taken and, accordingly, state of the art hardware limitations play a direct
role. Compromisges of functional requirements and hardware limitations are
evaluated-in order to arrive at a reasonable design, When protoiype equip- "~
ment has been designed and developed, Part IV, Verification (equipment:
testing), is begun, Then deficiencies in system design which show up in
testing are fad back into Part II 1n order to analyze the effect on overall per-
formance Qf & system that is not ideal. , I
"The DAMYV method just descnbed is for the complete design and develop-
ment of & system from original concept to operational use. However, since
the NASA contracts were for paper studies rather than operwtlonal equipment,
only the first two parts of the process, Problem Definition and Analytical ",

' Solution, were eraployed. A more detailed outline of how these phases are- y

utilized for the proolem of intarest is given in the rollowing subsection.
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1.2 OUTLINE OF STUDY EFY¥ORT

Figure 1-2 is a detailed block diagram of the first two parts cf the DAMV
approach as they are actualiy applied to.this study.

1, 2.1 Problem Definition

In Figure 1-2, the upper line is Part I, the Problem Definition, which is
described in this paragraph. The first step was to clarify and define the
scope of the work to be done to ensure agreement with the contracting agency
on the problems to be investigated. This was accomplished by surveying the
important literature pe.taining to spaceflight and by trips to NASA centers to
determine future spaceflight plans by making a preliminary examination of
some of tne missions, This examination of missions revealed that although
‘' ».are a great many possible space inissions, most of these have
wetl-defined phases { Laurich, Midcourse, Rendezvous, etc.) which are
similar in principle; i.e., “e difference between phases of any mission is
much greater than the difference between similar phases of different

i missions. -As a result, it w-s decided to subdivide the analytical work
- \accoromg to phases ratner .nan missions, The delineation of mission e

,z .ases, ogether with accounts of trips to NASA centers, was prrsented to
NASA Langley in a preliminary work statement and approved. Work was
thea begun on the detailed"Problem Definition. :

The work done in the Problem Def1n1t1on included selection of mission
prlorn.les, delineation of the phases to be analyzed, the development of
assumptions and constraints on tie problem, the listing of expected environ-
mental conditions, and the gencration of an analytical glan,

Finally, the system models and trajectory models for analysis were
chosen for each of the five phases of the Manned Lunar Mission, These
models served as inputs to Part 1I, the Analytical Solution,

Mission priority was assigned to various missions using criteria such'as

mission.importance, guidance operations required, and mission probability,

The Manned Lunar Mission was selected as being of highest priority in the.
post- Apollo era, with three other missions asfu.ued to be of lesser priarity.

It was decided to extensively analyze five space-flight phases: Midcourse,
Lunar Orbltal Lunar Landlng, Lunar Ascent, and Rendezvous, It was-felt
that this selection ﬁfectwely covers the spectrum of difficult guidance tasks,
except for earth launch and reentry. - These latter two phases were deleted
by NASA l.angléy pnmarlly because they have been eytenslvely analyzed
elsewhere.
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Figure 1-2, Block Diagram of Study Progfam



Certain zssumptions were made, such as iimiting launch vehicles to Saturn
V (Ref, 1-2) capability, and imposing come irajcctorv. energy constraints
in order to ensure that a realistic analysis was being conducted. In add1t1on,
environmental conditions which could affect navigation and guidance system
performance are listed although these factors would have greater effecc on
mechanization than on analysis.

The rnost important outputs of the Problem Definit.on are the models for
analysis developed for each of the five mission phases studied. These models
for analysis consist of sysiom models and trajectory models, Development
of the system mcdels entails the selection of observables for navigation and
selection nf ii:e navigation and guidance procedures. Development of trajec-
tory rucd s is accomplished by specifying the critical trajectory parameter
desired, such as lunar closec approach, etc,

1.2.2 Analysis
In Part II, Analytical Solution, the gemi-quantitative system and trajectory

models developed in the Problem Definition are first defined explicitly, then
utilized in computer programs to develop parametric tradeoffs. Figure 1-2

;mmcate:s a general outline of the plan for the aqaly'acal work,” The ‘Analytical
Solution is contained in Volume IIL Coe

> v

4

1-6 | . | | - ' .
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2. MISSICNS

In order to determine sensor recuirements quantitatively, the space
missions for which these sensors are applicable must be defined. The prop-
er selection of these missions will ensure that the resulting sensor specifi-
cations are sgufficient not onlv for t1e missions selected, but also for most
other space missions in the time period of interest (1968-75).

2.1 GENERAL CATEGORIZATION OF MISSIONS

Although the total number of possible space missions is limitless, there

are certain general characteristics of all space missions which are useful

in categorizing the missions.. This categorization limits the total number

of missions to be cons1dered and also illustrates the commonality of certam T

r:p};ases of many spaée missions. ‘ :

Table 2-1 lists poss:.ble future manned space missions ~.ccording to

destination, earliest feasible launch date, massicn duration, and objectives.

Table 2-2 is a like categorization of unmanned missionte (Ref. 2-1).

‘In addition to the missions listed in tables 2-1 and 2-2, one possible
mission, which might be manned or unmanned, is the rercue of a space
vehicle or its contents. This mission will not be considered here.

Inspection of tables 2-1 and 2-2 reveals that future : pace missions can be
broken down into three general areas according to distance: near-earth,
lunar, and interplenetary. Although the possible scientific and training
experiments which may be performed on these missions are varied, they
will 'have little effect on guidance requirements. Therefore; general mission
selection can be done on the basis of the broad categorization shown in
tables 2-1 and 2-2 without regard to the exact details of the various missions,

The charter of the study effort was to investigate sensor requirements :
for guidance of advanced gpace missions. Therefore, near- earth space C
missions other than the manned space station are not considered in the.
study, since theyare outside the study field-of-interest and guidance require-
ments are expected to be simpler than for mors complex misaions such as. )
lunar landing. -However, the manned space station is of special interest due g -
to the rendezvous requirements and also since it is a mission whxch will 1-' '
.very likely be flown within the decade.- :
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Table 2-1

MANNED SPACE MISSIONS

Destination

Earliest Feasible
Launch Date

Duration

Purpose

Near Earth
(earth orbit)

Present

Less than 2 weeks

Training

Astroromicai
observations

Equipmen’. and
personnel testing

Late 60's

Long stay time
(months - years)

Space station:

Astronomical
observation _

Meteorological
study

Personnel and
equipment testing

Communications

Biological studies

Lunar
(circumlunar or
orbital) -

1967

approximately
1 week

.{Surface observation

Training, testing
of techniques and
equipment

L\:mar
(landing)

1968

1 week

Technique develop-
‘ment and training.

Geological samples

Human cbservation
and surveying

Lunar | .
(lunar stay)

1970 -

several months

ALSS

Lunar exploration
and geodetic
surveying.

};ﬁrs or Venus
Flyby

1375

l to 3 years

Technique develop-
ment, close hurman|
observation ¢f- |
planets. Testing.

Planeta:y
(Mars or Venus
orbiter)

1980

1l to 3 years

Sarne as abov~,
but cver extended
time.
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TABLE 2-2
UNMANNED SPACE MISSIONS

Earliest Feasible

ot . .
L Destination Launch Date Duration Purpose
Near-Earth Present Minutes Research
\hallistic) Materials study

Vehicle tests
Near Earth Present Depeunds on Meteorological
(orbital) satellite lifetime research
Communications.
Radiation belt study
Field study
Relay station
Cislunar Space Present Hours - months Environmei.tal
or years observations
'Lunar ‘ Present 3 days Lunar surface )
(hard-lander) photography ‘
iy anar 1965 Greater than Logistic vehicle
|(soft lander) 3 days Close surface
’ photcgraphy _
- Envirnninent testing
Surface hardness
evaluating
i
|Lunar 1966 Greater than l Lunar su face
(oruital) 3 days photography
Hidden side
photography
Planet flyby Present Several months - | Interplanetary
orbit landing '66 -~ '67 year : environment study
'68 -~ ‘69 ' Flanetary study of

surface atmospherg
biology fields




Required energy is also an important limitation on the types of mission
«liich can be realized. Thus, it is assumed that manned planetary landings
are beyond the scope of thi< study, since the energy requirements for such
a mission are beyond the capabilities of launch vehicles planned for the next
decade.

As a resu’t of the factors mentioned above, primary emphasis of the study
is focused upon lurar missions, the manned space station, and interplanetary
missions, not including landing. In the follo\;ing subsections the mission
yphas.-8, mission pnontzes, and mission profiles utilized in this study are
discissed.

¢.Z MISSION PHASES

Although there are a great many possible space missions, most of them
consist of several different phases, which are characterized primarily by
distaace from some gravitationa: body, atmcspheric or non-atmospheric
conditions, and powered or unpowered flight. The differences between phases
of a mission are normally more pronounced then the differences between -
. -similar phases of different missions. For instance, the velocities, trajectory
shape, propulsion method&, etc on the m;dcours&and landing phases of a -
lunar mission are qtute dissimilar, while the dlfferences between the rmdcourse
ghases of mterpla.netary and lunar missions are much less ev1dent oo

In general, the varmus phases and operahons of posa1b1e spa.ce mis smns
gzven m chronological order are as iollows

a. Prelaunch
b. Lauxch to earth orbit ‘ -
c. Earth parxing orbit -
d. ‘,Earth orbit rendezvous
e. Launch into eacape or near-escape trajectory
T fv Ballistic flight to region of moon or planet
- g. Planetary (or-lunar) approach
~h. Thrust into planetary (or lunar) orbit
i. Planetary {or lunar) orbit
j. Ballistic descent from orbit ) -
k. Powered descent to hover
S . -1. De=scent from hover to surface '
) m. Ascent from surface -
n. Rendezvous (to within 500 feet)
b - o. Rendezvous terminal docking
o P Return mJecnon into earth- bound tra_]ectory
“q. Ballistic return to earth -
= - r Reentry ‘into earth's atmosphere
8. Slow descent to earth's surface : N
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The above list was considerably shortened and consolidated ir order to
map out reasonable areas of analysis. Since there has been considerabl:
work done on requirements for items a, b, c, r, and s, these items were
deleted from the list. ! Thus, for this study, the phases of interest are
those frcm thrust into an earth-escape trajectory until return to the earth's
atmosphere. In addition, many of the phases in the above list are shoit
enough or sufficiently similar to other phaser so that they may be analyzed
Thus, the list of phases as revised for this study is as follows:

together.
I. Midcourse Phase 2. Launch into earth escave on near escape
f. Rallistic flight to moon or planet
g. Planetary (or lunar) approach
q. Ballistic return flight to earth trajectory
II. Orbital Phase k. Thrust into planetary (or lunar) orbit
i. Planetary (or lunar) orbit
j. Ballistic descent from orbit
II. Landing Phase k. Powered descent to hover
1. Descent from hover to surface
IV. Ascent Phasec m. Ascent from surface

V. Rendezvcus Phace n. Rendezvous {to within 500 feet)
o. Rendezvous terminal docking

The breakdown of space missions into the five basic phases listed above
encbled the analysis of one phase to be made independently of the analysis of
each other phase. At the same time, complete mission analysis is achiev-
able simply by matching the rms output errors at termination of one phase
to the rms initial errors for the subs=equent phasa.

As for the missions under consideration, the phases listed are similar

regardless of whether lunar or interplanetary trips are seing considered.
The primary differences are the greater distances involved in all phases of

a planetary mission and the planet atmosphere (on Venus or Mars).

2.3 MISSION PRIORITY RATINGS

The following missicn priorities were assumed for this study:

1. Manned Lunar Mission

Earth Orbital Rendezvous

3. Unmanned Lunar Mission

4. Manned Intergplanetary Mission

1Conference between Westinghouse and NASA, Largley at Langley Field, Va.
in 1962.
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This ranking was made with the guidance of NASA Headgquarters in
December 1962. Some of the considerations for priority-ranking the
missions are as follows: (!) mission probability, (2) mission importance,
(3) difficulty and importance of guidance related to present statc of the art,
and (4} expected date of mission.

From all standpoints, mission i, the Manned Lunar Mission deserves
first priority since the mission will surcly be attempted, the missica aas
great importance as a national gcal, and it is an advancement of manned space
exploration capability. The guidance techniques {involving rendezvous and
ascent from the lunar sarface) are difiicult, and state of the art development
is not yet sufli:ient to offer simgle sclutions to these guidance problems.

Miss.on ¢, Earth Orbital Rerndezvous, is rated second because il - manned
space station concept has recertly been the subject of renewed interest both
in NASA and in the Defense Department. It is now reasonable to assume
that the manned space station will be a large post-Apollo effort. However,
the Earth Orbital Rendezvous misrion is rated lower than the manned lunar
flight due to its less imn:iediate timing and the fact that the mission r=quires
caly one special guidance function (i. e., rendezvoue)} with a near-earth space
station.

Mission 3, the Unmanned Lunar ....ssion, rates ilower than the first two
in the areas of mission importance and :idance difficulty. Since the
vehicle is unmanns-, guidance requirer.ents (in terms of accuracy, not
mechanization) might be less severe since the possible loss of human life
is not a factor. Also, it is expected that unmanned flights will utilize
beacons on the lunar surface - which should considerably ease guidance
problems. ’

Mission 4, the Manned Interplanetary Mission, rates last on all counts
except difficulty of guidance. At present, it would appear thai the mission
will be flown only.if manred lunar fiights are successful and political and
economic conditions in this country in the 1970's are favorable cr such an
ambitious space venture. :

2.4 EFFECT OF PRIORITY RATINGS ON ANALYSIS

The priority rating of missions developed in the previous subsection has
resulted in a modification of the phase-hy-phase outline shown in subsection
2.2. In order to weigh the analytical! results according to the priority
ratings, the foliowing procedure waa adopted in analy.inp cich of the phases
listed in subsection 2.2. First, a Manned Lunar Missic* hag been assumed
for the analytical work on the phases listed. Second, 8::c - ‘ne Manned
Lunar Mission and the Earth DOrbital Rendezvous are dissimilar except
possibly for rendezvous, the work on Earth Orbital Rendezvous is presented
in a separate volume (Volume 1V) of this report.
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As for the Unmanned Lunar Mission, since there would be no difference
between requirements for manned ana uninanned guidance ¢ stems, the
results obtained on the analysis of the manned mission are directly applicable
to unmanned missions. The greatest differences between the missions will
be in the implementation of the guidance system rather than the requirements,
since the presence of a human operator on board gives the manned system a
significant advantage especially because of his optical recognition ability.

The trajectories used for imanned missions may differ from the urmanned
flights, due to the probable elimination of lunar rendezvo'.s oa the urimanned
missions. However, tnis will generally simplify guidance requirer.ents.
Therefore, it can be assumed that the rcqui. :ments for the Manned Lucar
Mission will include those for the unmanned mission.

The lowest priority mission, the Manned Interplanetary Mission. is
accorded least attention. No analysis of requirements specifically for the
interplanetary mission were develcped. However, many of the general
principles of space navigation which have been developed ir study of the
Manned Lunar Mission are also applicable to interplanetary flights.

2.5 MISSION PROFILE

For this study, first priority was assigned to the Manned Lunar Mission.
In order to make the problem definition more concrete, a specific mission
must be selected for analysis. It was decided to use a mission profile
similar to that of the Apollo mission. The reasons for this choice are as
follows:

a. The Arollo mission profile is relatively complex irom a guidance
standpoint due to the lupar rendezvous technique employed. Thus, analysis
of this mission is desirable since it represents a difficult case and includeas
phases which are representative of almost every conceivable guidance
operation.

b. Once a successful Apollo mission has been completed, succeeding
manned lunar missions will probably follow mission profiles similar to the
first flight, rather than devise some radically diiferent trajectory
configuration.

The mission profile which is aszumed as a base line in this study is
illustrated in figure 2-1 and described in the following paragraphs.
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2.5.1 Midcourse Phase

The spacecraft is injected into a translunar trajectory from an earth orbit
of 185-km altitude. ¢ Injection occurs at a longitude of about 175 degrees
from the earth-moon line at time of arrival. The midcourse trajectory is
approximateiy coplanar with the plane of the moon's orbit about the earth.
The space vehicie requires 72.2 hours to arrive at a lunar close approach
(;eriselenum). At aominal time of periselenum, the rnoon is nearly at its
maxirnum drclination.

2.5.2 Lunar Orbit Phase

This phase is assumed to begin at nominal time of midcourse periselenum.
At this time, a retrothrust of about 800 m/sec s initiataed to place the vehicle
in a 200-km orbit ibout the moon. The vehicle then travels ballistically for
about 1 3/8 orbits while navigation dat2 is acquired. When the lunar orbit
estimation has been sufficiently refined, a lunar landing module is detached
‘rom the mother vehicle and a retrothrust is fired in order to place the
lander on an elliptical path with a periselenum of 20-km about 90 degrees
from the point of retrothrust. 7This is the so-called synchronous orbit
method which allows automatic rendezvous of the two vehicles if descent to
the lunar surface is not initiated.

2.5.3 Lunar Landigg_

When the landing vehicle arrives aZ a 20-km altitude, at a distance of
310 km from ite landing site, the main landing engines are ignited and
powered Descent Phase begins. This phase employs a near-minimum fuel-
thrusting program to arrive at a hover condition (zero velocity) some 5G0
meters above the lunar surface. From (his point, the human operator
controls the desce.t of the vehicle to the lunar surface.

2.5.4 Lunar Ascent

After surface zperations have been completed, the lunar lander is launched
from the lun2r surface into a 30-km parking orbit in order to arrivz at the
corzect phasing for the rendezvous with the mother vehicle. The vehicle
13 powered all the way, v'ith a pitch-program such that the burnout occurs
when the vehicle has achieved a horizontal velocity equal to orbital velocity
at 30 km,

2Specific numerical valves are used throughout tnic description of the
nominal mission profile merely to indicate the magnitudes involved.

However, the enalyses (Vol, III) were not restricted to use of these

exact values,

2-8



ARRIVAL AT MOON
MIDCOURSE AT T= T2 RS

CORRECTIONS \
N

L —

EARTH

[

INJECTION AT T2) HRS

ALTY 185 XM
VELY 10,800 ¥/S _MIDCOURSE
MOON'S
O oRei7
’
o - POWERED BRAXING
INTO 200-KM LUNAR ORS:T IGNITION OF MAIN LANDING

ENGINES

ROVER" BOVE

LMDINO‘ HTE

VEL®'M4aM/S) 20KM

////////’/5"/}"//“//.4//// Z

sy 7

TARUST LANDER
INTO ELLIPTICAL
20- KM DESCENT
ALT
PARKING ORSIT ANG DESCENT POWEREQD LANDING

IMTIATI?\& Of
AT
RENDEZWVOWUS

DOCXING
%M

THRUST 30KM PARKING
POWERE D

ASCENT TO 200 - K4 PARKING

3O - KM PARKING ORBIT OF Hé)THER
MOTRE oROLIT VENHICL
V‘EH!CLgIN
200-K ORBIT
ASCENT RENDEZVOUS
17308 -Ve - 83

Figure 2-1. Mission Profile
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2.5.5 Lunar Rendezvous

The lunar lander has been injected into a 30-km orbit compared tu a 200-
km orbit and thus ''catches up'" (in lunar cent.al angle) to the mother vehicic.
Wher their relative positions are correct, the lander (now the chaser) fires
-ockets t¢ send itself into a transfer trajectory in order to achieve a
rendezvous a* 200 km with the mother (target) vehicle. This transfer is
ballistic until the chaser is within 25 km of the target. Active rendezvous is
then initiated and continues until the vehicles are mated. After rendezvous, the
spacecraft would inject into 2 moon-earth transfer trajectory, but this return
trip was not analyzed in the study.

Note that the only difference between the mission profile described above
and the nominal Apollo mission profile is that on the first Apollo flight a
direct ascent to rendezvous will be employed rather than the parking orbit
mode described above. However, the direct ascent tc rendezvous is also
analyzed in this report.

Also it should be mentioned that, although the Anollo missicn profile was

used as a base for 2r-lysis, the results are not restricted to this particular
mission.
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3. PROBLEM STATEMENT AND STUDY OBJECTIVES

Ir this section & gencralized statement of the fundameontal guidance prob-
lem is given ancd the assumptions and restrictions or the study program are
developed and discussed.

3.1 FUNDAMENTAL GUIDANCE PRCBLEM

The primary function of the guidance system for a spnce vehicle is to
cause the spa~e vehille to arrive at some prescribed t_.rminal conditions at
the end of its flight. These desired terminal conditions might include posi-
tion, velocity, attitude, or attitude rate at some particular end time (fixed
time of arrival). Alternately, time of arrival mmay not be constrained exactly,
so long as the proper dynamic conditions are met by the vehicle within some
reasonahle time.

Other desirable conditions which should be met by the guidance system
are: minimization of fuel, adherence tc a preplanned ''nominal' trajectory,
and avoidance of conditions so drastic (e.g., high g-forces) as to damage the
spacecraft or its contents.

Figure 3-1 is a funztional block diag-am of a space guidance system. ‘The
diagram is quite general, yet complete; i.e., any guidance system can be
defined in terms of the diagram shown, and conversely, specification of all
the blocks in the diagram completely defines a system.

As shown in figure 3-1, the general guidance problem can conveniently
be subdivided into three primary functions: Navigation (consists of sensing
observables and estimating vehicle state), Guidance Logic (consists of gener-
ating control comumands to meet the desired end conditions) and Control
(consists of implementation of control commands by rocket motors). Some
guidance schemes may derive control signals directly from the observations
without determining the ''estimated state' shown in figure 3-1 as an inter-
mediate output. This refinementis not considered important and, in general
the guidance systems investigated in this study will take the form shown.

The guidance systems analyzed in thie study may be conveniently classified
as open-loop systems or closed-loop systems. During the Midcourse and
Orbital Phases, for instance, velocity corrections will be brief and most of
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the time the vehicle will bz in free-flight. Therefore. betwcen velocity cor-
rections the guidance system used in these phases is open-loop; i.e., in
fignre 3-1, only the "estimated state' is gznerated and the feedback loop
(guidance logic and contr.'! is not activated. However, during powered flight
phases, such as Lunar Landing or Ascent, the steering commands con-
tinuously affect the observations so that a clused-lcop sys.em is in effect.

Figure 3-1. Functional Block Diagram of Generalized
Space Guidance System

3.2 EMPHASIS ON NAVIGATION

In the study of the phases employing closed-loop guidance systems, pri-
mary eraphasis is on the navigation aspects of the overall guidancz problem
rather than the guidaace logic or control (see figure 3-1). This choice was
made because of the desire to emphasize sensor requirements, rather than to
detail control mechanization requirements. In the Lunar Landing guidance
analysis, typical control systems and errors are assumed but there is no
attempt to optimize these systems. The intent is to choose control systems
in such a way that the resulting analytical models are reasonabie.

Since the primary emphasis is on navigation rather than control, and

since determination of sensor requirements are of paramount importance,
attitude contrcl requirements are not analyzed in great detail except as they
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are implicit in the derived results. For instance, the determination of allow-
able pointing error for vchicle thrusting during the Midcourse Phase implies
attitude control accuraries which are within the allowable pointing error.

3.3 ONBOARD METHODS

Ma)or emphasis in this study is on onboard guidance systems. Although
there aie some phases of the Mannec Lunar Mission which might well be
controlled from earth, such as the Midcourse and Orbital Phases, the study
emphasizes analysis of onboard systems for seve=al reacons:

a. The use of an onboard guidance system allows the use ot 2aith
tracking as a backup (and vice versa).

b. Earth-tricking accuracies have been rather thoroughly investigated
by Jet Propulsion Labs, andequipmentfor accomgplishing this tracking is al-
ready in existence (Ref. 3-1, 3-2, 3-3). Thus, further an2'vsis ‘n this area
would tend to result ir duplication.

c. Since one of the primary motivations for this study is determination
of future sensor requirements, further study of ground-tracking methods is
unnecessary, since these methods do not entail the development of new sen-
sors.

d. Terminal guidance and navigation of lunar missions should be with
respect to the moon, not the earth, in order to remove effects of uncertainties
in location of the moon. Thus, local guidance is desirable.

Ground-tracking methods are discussed in this study only in the Midcourse
Phase, and even then only as a base for comparison with onboard methods.

3.4 OBJECTIVE METHOD OF ANALYSIS

In summarizing the overall problem statement and assumptions, it is
again emphasized that in this study the approach taken was as objective as
possible. In other words, every attempt was made to avoid constrainir, the
analysis by assuming specific hardware at the outset, especially - the case
of navigation sensors. The analycis was always aimed at rruaucing fuanctional
requirements for sensor equipment rather than by as<:.ning specific equip-
ment and then determining how well it solves a pzsticular problern. In this
way, it 1s felt that he results shown are gcnerally applicable to the problem
of guidance of a manned 1unar missiow.

The following sections consist of a more detailed discussion of the
Problem Definition for each of the five subphases of the iunar mission:
Midcourse, Lunar Orbital, Lunar Landing, Lu-ar Ascent, and Lunar
Rendezvous.
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4. MIDCOURSE CUIDANCE PROBLEM DEFINITION

A general statement of the guidance probleni fromn the Prob'2m Definitica
study for The Manned Lunar Mission is as follows:

""Determine the guidance system requirements and techniques necessary
to achieve the guidance oi a manned space vehicle to a preselected point above
the lunar surface with a velocity such that appropriate landing techniques may
be used. The following constraints are imposed on this guidance system:
Near-minimum fuel expenditure, reliability consistent with manned operation,
and compatibility wich predicted post-Apollo launch and spacecraft equipment."

Although the above statement seems rather broad, note that it entails
guidance to a specific location, not just the achievement of some safe lunar
altitude. Note also that the requirement fcr compatibility with pradicted
post-Apollo equipment restricts the guidance situations to those arising from
a Saturn V launch since this is the only presently planned vehicle capable of
delivering manned vchiclea to the moon in the post-Apollo period.

The following subsections cn the Midcourse Phase are devoted to deriving
an explicit definition of the problem from the general statement given above.

This problem definition consists of a group of trajectories for which
guidance s to be accomplished (subsection 4. 2) and system models (subsec-
tion 4. 4) which are to be analyzed for performance requirements. In additien,
some of the data such 28 astronomical quantities which are essential to the
study are liste.” "1 Appenai:r A of this volume.

4.1 MIDCOURSE TRAJECTORY CnARACTERISTICS

To define the midcourse guidance problem quantitatively, trajectory
models must be generated which are representative of the types of trajec-
tu.ies which might be flown on actual missions and illustraic the effects of
various trajectory parameters (trip-time, etc.) on guidance system require-
ments,

A typical translunar trajectory for achieving retrograde lunar motion i3
.llustrated in figure 4-la. Part (a) of the figure shows tre flight path in
earth-centered coordinates. Part (b) shows the so-called approach hypertola
which results frcm plotting the flightpath in lunar coordinates.
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Figure 4-1. Translunar Trajectory

4.1.1 Flight Time/Energy Relationships in Midcourse

One of the iactors which will affect guidance system requirements is the
flignt time ol the mission. This is because the flight time will determine the
velocity profile throughout the flight, which in turn will affect the propagation
of errors. Also, the flight time determines the amount of movement of
celestial bodies during the flight.



The primary considerations affecting the choice of flight time, especially
for @ manned mission, are the payload-energy requiremrents, which make a
slower {light more desirable, and the life-support requirements, which favor
use of a2 shorter flight. Although the purpose of this study is to determine
sensor requirernents rather than to optimize fiight times, a good idea of the
flizht time/energy tradeotf is given in figure 4-2 (Ref. 4-1). It can be seen
that for flight times above about 60 hours, the trip time increases very
rapidly with decreasing burnout velocity. It is apparent, then that there 1s a
lower limit on the burnout velocity required to keep the trip-time reasonable

For the initial Apollo flight, the flight time has been selected as approximately
72 hours.
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Figure 4-2, Trip Time as a Function of Burnout Velocity
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4. 1. 2 Injection Altitude

Most presentiy available data on the Saturn V launch vehicle (Ref. 4-2) is
based on a 185-km earth parking orbit for lunar flights. Therefore, it is
assumed 'n this study that midcourse injection will occur firom this altitude.

4.1.3 Trajectory Plane Orientation

The norninal inclination of the midcourse trajectory plane depends to sorae
extent on the desired inclination of the orbit achieved at the moon. In the mid-
course study it is assumed that an equatorial orbit around the moon is desired. =

There are several reasons why it is desirable to achieve a lunar orbit
whicl. is in tbe plane of the lunar equator. For one thing, it makes the use of
lunar rendezvous techniques simpler, since even if a veaicle separates and
descends to some landing point on the equator, both vehicles will remain in
a neariy equatorial plane and rendezvous can be accomplished with no expen-
sive plane-changes. This is not true for orbits which are inclined an
appreciable amount to the lunar equator. Another reason for choosing an
equatoriai lunar orbit is that the region near the equator is better mapped
than the higher latitude regions and guidance and landing operations in the
equatorial region wi,l be less uncertain.

The simplest way to achieve an orbit around the mocn's equator without
requiring any plane-changing thrusts is to send the space vehicle on a trajec-
tory which is coplanar with the plane of the moon's orbit about the earth. If
this is done, and the space vehicle arrives in the vicinity of the lunar equator,
then the result is a flight path which is concentric and coplanar with the lunar
equator such that a lunar equatcrial orbit may be achieved by retrothrusting
at any time in the trajectory without requiring a plane change. This is
illustrated in figure 4-3.

Since the miri...um inclination orbit achievable is equal to the latitude of

" the launch site, then an in-plane launch from Cape Kenriedy can be achieved
only when the plane of the moon's orbit is inclined to the earth's equator by
more than 28. 5 degrees. During the years 1968-1975, the inclination of the
lunar plane varies from 25 to 30 degrees (Ref. 4-3) so that a nearly in-plare
launch can always be achieved during this period.

Use of a parking (or coasting) orbit before launch considerably reduces the
launch window restrictions on day and time as shown in Ref. 4-4. However,
since injection into the lunar transfer trajectory must occur some 175 degrees
in longitude from the earth - moon line at time-of-arrival, launch to a
southerly declination moon is desirable if injection is tc occui over tne
Atlantic Ocean. At any rate, in this study, the oniy concern is with the

* In the analysis of the Orbital arnd Landing Phases, the orbital inclination does

not affect the analysis and the assumption of an equatorial orbit around the
moon is not made.
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inclinztion of the midcourse trajectory plane, not with how the particular
trajectory is achieved, except for the case of ground tracking.

For attaining Junar orbits inclined to the lunar equator, it is clear that
this can also be achieved with an in-plane iaunch by aiming at some place
other than the region of the lunar equator, as shown by the dashed trzjectory
in figure 4-3.

/NORTH POLE

TRAJECTORY PLANE FOR
NON-EQUATORIAL 9ORB."

PLANE OF LUNAR \\
ORBIT AND VEMICLE Ny
TRAJECTORY _

LUNAR EQUATOR (TILTED
APPROXIMATELY 7* TO
DECLINATION OF THE
MQON)

17508-VA-57

Figure 4-3 In-Plane Trajectory to Orbit Around Lunar Equator
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4.1.4 Target Altitude at Moon

To achieve u lunar altitude of x km in the most economical manner possible,
the midcourse trajectory should be designed so that the nominal altitud= of
close approach is x kmm. Therefore, the choice of target altitude at the moon
invo'ves a choice of desired lunar orbital altitude. Although requirements
may vary from mission to mission, it weculd appear desirable to keep thas
aititude as iow as possible consistent with mission safety in order to aliow
cptical surveillance from the spacecraft. Nominal lunar orbital a.titudes of
100 ki up to thousands of kilomzters have been considered in other studies
but no definite reasons are given for higher altitudes other than large guid-
ance errors. Therefore, in this study only low-2altitude orbits are con-
sidered.

As far as total velocity requirements are concerned, there is no particular
advantage in any given altitude, since in any case, the requirement is to
bring the vehicle to zero velocity at some hover altitude above the lunar sur-
face. The velocity change required for this task ic a function oniy of the
energy brought by the vehicle into the lunar gravitational field; i.e., a function
of trip-time not orbital altitude. Another way of saying this is that the energy
added to the vehicle depends upon the distance toward the potential source
attained regardless of th: particular patb taken.

However, total correction velocity and fuel consumed are not lirnearly re-
lated if the correction takes an appreciable amount of time (i.e., is non-
impulsive). This means that for some important practical cases (like the
constant-thrust gravity-turn landing technique), the required thrus: '.vel de-
pends on the initial altitude and a greater payload can be delivered using a
relatively high-thrust engine starting at a low altitude than a low-thrust
engine from a higher altitude. This is another reason for trying to make the
midcourse target at as low an altitude as possible consistent with mission
safety.

4.2 TRAJECTORY MODELS

The previous subsection discusses some of the trajectory characteristics
which could conceivably affect guidance requirements. The considerations
mentioned were used to generate requirements on trajectories which fulfill
the fcllowing requirements: (1) represent typical tra ectories and (2) illustrate
the effects of variation of trajectory parameters on guidance system require-
ments. The trajectories chosen are discusszd in the following paragravohs.

® Midcourse Trajectory I

As an eximple of a typical trajectory which might be utilized on a manned
lunar missi'n, a trajectory having the following characteristics was generated:
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Launch Altitude Trip-Time Periseicnurn Altitude i ¢ ¢
185 km 72.2 hours (10 K1 0° -138.475° 27.55°

Point of close approaci: at rnoon

angle between trajectory plane and lunar orbit plane
angle between earth-:noon line 2t launch and earth-moon
line at zero lunar declination {ascending).

¢ = angle between lurai orbit plane and equatcriai plane.

Periselenum
1

b

The numbers used here are considered to be typical values such as those
which might be used on the Apollo mission reference. The lunar inclination
to the equator, ¢. of 27. 55 degrees occurs during the years 1966 and 1572.
The valiue ¢ = -138. 475 degrees corresponds to injection over the North Atlantic
after a short coasting orbit for arrival at the moon near maximum negative
declination. The approximate Apcllo flight time is 72 hours. The choice of
a 200-km periselenum altitude was made arbitrarily, but this parameter is
varied in other trajectory models.

e Midcourse Trajectory II

To determine the effect of shorter trip times (and higher velocities) on
guidance requirements, a trajectory requiring only 63.9 hours to arrive at a_
133-km periselenum was generated. In other respects, this model is similar
to Trajectory I; i.e., it is an in-plane flight to th¢ moon arriving near
maximum negative declination.

@ Midcourse Trajectory III

To determine the effect on guidance requirements of having a trajectory
cut of the lunar orbit plane, a model trajectery in which the fl.ght path makes
an angle of 27. 5 degrees with the plane of the moon's orbit about the earth
was geneiated. This trajectory is similar in other respects to Trajectory I,
except that the moon is near 2ero declination (descending) instead of maximum )
negative declination when the spacecraft arrives.

e Midcourse Trajectory IV

To evaluate the effect of variations in the periselenum altitude on the
guidance accuracy, a trajectory was generated which is identical to Trajec-
tory I except that a periselenum altitude of 100 km was used instead of 200
km. This might be expected to increase guidance errors, since the lower
periselenum altitude will entail higher approach velocities and thus, greater
errors.
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4.3 POSSIBLE GUIDANCE SYSTEMS

Figure 4-4 is a functional block diagram of a space gu'dance system. The
diagram is quite general, yet tomplete; i. e., any guidance systern can be
defined in terms of the diagram shown, and conversely, specification of a'!
the blocks in the diagram completely defines a system. Thus, setting up a
mission model requires choice of: observables, sensors, methcds of
estimation, guidance logic, control mechanizatiown and contror moritoring
(if any). In the following paragraphs, these areas are examined and discussed
in order to determine the possible system models. In addition, potential
problem areas and methods of analysis are identified for the models chosen.

INIT AL
ESTIMATE
- {
OBSERVABLES NAVIGATN | \MPROVED | -oNTRO
mme—  SENSORS _’1 DATA CONTROL
3TATE OF OBSERVED PROCESSOR|EST IMATE COMPUTER
TRAJECTORY DYNAMICS DATA \
NAVIGATION .
o4 VM LOCHTY
COMMAND
» J_L"—W
F ! L
{ MECH'N
CONTROL
17508 -VvB-79

Figure 4-4. Functional Block Diagram of Generalized
Space Guidance System

4.3.1 Observables

Since the navigation problem consists of determining the translational
state of the vehicle; i.e., its position and velocity with reipect to the planets
of interest (earth and moon), the only useful obgservablec are those physical
quantities which directly relate to, or are themselves range and velocity.
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Attitude measurements (such as might be obtained from star sightings only)
can in no way contribute to knov:tedge of the vehicle's translational state, and
they are essential only far contiS! ruipuses. L'hus, the list of possible
nrhseivaples useful in midcouree navigation is short:

Range (to earth or moon)

Rarge-rate (to earth or moon)
Velocity-rate (to earth or moon)

Angles between earth or moon and stars

The above list does not include measurements of the angles between stars
as they are too far from the earth-moon system to be of any use in deter-
mining position. However, this great distance makes stars useful as coor-
dinate references, since they will always appear irn *“e same relative direction.
Range-rate to stars (by doppler shift of starlight) is . considered, as this
process is evidently not sufficiently accurale tor space navigation. Finally,
angle-rate is not considered either, as this quantity is too small to be meas-
urable throughout most of the midcourse flight.

4.3.2 Methods of Observation

The known methods of observing the quantities listed in the previous
paragraph are listed below in order to indicate feasibility of utilizing various
observables:

Range:

Optical measurement of angle subtended by earth or moon.
Ground tracking of beacon or transponder on spacecraft.
Timing of radar echo from earth or moon.

Velocity:

Ground tracking of beacon or transponder on spacecraft.
Active doppler radar in spacecraft.

Velocity Rate:

Accelerometers (for accelerations other than gravitz.onal).

Angles_ Between Earth or Moon and Stars:

Measurement of antenna azimuth and elevation angles on ground tracking
system.
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Optical measurement of angles between star direction and reference point
(horizcn or landmark) on earth or moon.

Note ttat this last item includes the measurcment ol 1ndividual spacc angles
at various times. It is important to mention that there is no requirement for
simultaneous measurement o. scace angles if the appropriate mathematical
methods are used on the data, i.e., position ''fixes' are not required (See
e.g., Ref. 4-5).

In the above listing, methods of preserving an angular orientation by using
inertial devi za! are nct ow.sidered separately, since these methods
essentially measure the two sides ot an angle by optical methods at different
times and are thus no different, in principle, than the direct measurement
of the space angle at once.

It is also important to note that accelerome’ers can measure only accelera-
tions otner than the gravitational field of interest and thus can supply no
information about the vehicle's trauaslational state in a free-flight condition.
These devices can be used only to moniter velocity control actions.

4.3.3 Methods of Navigation Cormputation

Figure 4-4 shows that the space guidance problem is actually a feedback
control loop, with observations of the vehicle's translational state being used
to compute control commands which, in turn, affect the translational state.
However, during the entire midcourse flight between the earth and the moon,
only a few short-duration velocity corrections are required, so that most of
the time the feedback loop of figure 4-1 is operating open-loop. Since this
is the case, the navigation, guidance logic and control functions can be
analyzed separately since they will have little affect on each other.

The navigation aspect of the problem can be simgly staie s follows:
Given some initial estimate o the veticie’s translational :*ate. and some
subsequent observations of .he state, determine an imi ~cved estimate of the
vehicle's present egtate and its state at some future time. It is clear that
both of these estimates are required in order to generate the proper control
commands to achieve the desired target conditions.

The motion of a small mass in an XYZ coordinate system is governed by
equations which can be represented by the following:

Such as using two star diractions to establish an inertial reference, then
measuring the azimuth and elevation of a planet with respect to this
reference.
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Y-f (X, Y, Z,t) (4-1)
Z = £, (X, Y, 2, 1)

Equations 4-1 are functional representations of the nonlinear differential
equations of motion. When more than one attracting body exerts a significant
gravitational pull on the space vehicle, such as the earth and moon, there is
no explicit solution to equations 4-1 except by numerical methods. As a
result, the usual practice is to linearize equations 4-1 about some reference
trajectory. Expanding equation 4-1 about some reference trajectory (r) at
some time, t, there is:

(61 of of
(X + AX) = fl + Kax ax + v AY + 57 AZ + higher order terms

afz 3f2 8(2
(Y + AY) = f2 + BX AX + v AY + 37 AZ + higher order (4-2)

terms

N . 8£3\ 9t - 8f3
(Z + AZ) = f3 5X— AX + 57 AY + 37 AZ + higher order terms

where AX = (X-X ), AY = (Y-Y ), AZ = (Z2-2Z )where X - Z_are the
reference coordlnates at tirue t and X, Y, 2 are the actual coordmmee.
Neglecting the higher order terms and subtracting equation 4-1 from equation
4-2, gives:

. [ of CE
s () o (v (1)
. (o, of, \ (af2
AY (8)() AX + <8Y/AY + \az> AZ (4-3)
/3f3> '<8f3> <8f3>
AZ-\ 5% | 8X +\37 /) 2Y t\57 AZ

Equations 4-3 are linear approximations to equations 4-1 where the un-
krowns, AX, AY, AZ are deviations from some reference coordinates rather
than the true coordinates themselves. It.has been found (Ref. 4-6, among
others) that as long as the true coordinates are relatively close to the
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reference coordinates (:.e., not an abort coadition), then linear approxima-
tions such as equations 4-3 can be used eifectively. The formulation of
equations 4-3 was used in this study, thus solving the problem oi finding use-
ful rnathematical approximations to equations 4-1.

Another mathematical problem in space navigation is the {act that the
observations of the trajectory (and therefore, the estimates) will never be
perfect. Since this is the case, statistical methods should be employed to
utilize the data in some optimum way in order to obtain the best possible
trajectory estimate,

Another reason for employing statistical methods in space guidance is
that such methods are convenient for handling partiai data and it may be quite
difficult to obtain a complete position fix on any one observation. One
method of taking a position fix is to simultaneocusly measure the range to a
planet and the aziriuth and elevation of tuie planet in some inertial coordinate
system. Obviously, this job would be easier if these measurements couid be
made separately. Thus, some method of handling partial data (e.g., range
o- a ~ingle angle) is desirable.

These problems were solved by JPL for their determination of trajectories
by use of the so-called weighted least-square technique. This process,
which is des-ribed more completely in Ref. #-7, consists of estimating the
vehicle trujectory based on all the observed data (range-rate and angle at the
tracking stations) and the estimate of initial conditions and measurzment
errors. Omne problem with using this method is that the large amount of data
which must be handled simultaneously makes computer requirements
formidable.

What was needed in this situztion was a recursive method of data-
processing, in which an estimate of the vehicle state could be made using
only the previous estirnate and the new bit of data. This problem was solved
in 1661 by S. F. Schmidt and G. L. Smith of Ames Research Center (Refs.
4-6 and 4-8). These investigators applied some modern notions of linear
control theory developed by R. E. Kalman (Ref. 4-9) who had developed a
general minimum variance solution to the Wiener filtering protlem. This
minimum variance solution consisted of a set of recursive equations which
were applied by Smith and Schmidt, to the trajectory estimation problemn:.

It turned out that the trajectory estimate provided ty .:e minimum
variance method utilized at Ames was identicz! to the estimate obtained by
the weighted least-squares procedure under certain conditions (Ref 4-10).
The difference, nowever, is that the weighted least-squares procedure re-
quires the inversion of a matrix whose dimensions are as large as the total
number of data points being processed, and even for large land-based
computers, this operation can become intractable when correlated noise is
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present on the observations (Ref. 4-10). Thus, the recursive procedure is
advantageous from a computational standpoint. However, an advantage of the
weighted least-squares formulation is that the data may be recycled several
times to eliminate the effects of blunder points; i.e., data points which are
obviously the result of some gross error in the system. (There is, however,
no rexl reason why recycling cold niot be done with the minimum variance
method, although then the scheme wouid lose some of its computational
simplicity.)

Arnother data proc=ssing method, simple least-squares, is less e‘ficient,
fsince this method utilizes only the actual observations from which to make an
cstimate. This 1s in contrast to the minimum variance and weighced least-
squares methods, both of which utilize initial trajectory estimates and
estimates of the observation errors in order to obtain the new estimate.

A more detailed mathematical discussion of data-processing for space
navigation is given in Volume V, Appendix A. A mathematical analysis of
some oi these topics is given in Volume V, Appendix B. Section 8, and Vol-
ume III, paragraph 2.3.1.3.

4.3.4 Guidance Logic, Control Mechanization, and Control Monitoring

For the purposes of this study, it wil! be assumed that control of the
vehicle's midcourse trajectory is supplied entirely by a high-thrust rocket
motor; i. e., one capable of making nearly iimpulsive midcourse velocity
corrections. Continuous-thrust control (ion engines, etc.) is assumed to be
outside the scope of this study.

Evidently the only direct method of monitoring the control velocity change
1s measurement with accelerometers. Other methods of monitoring the
rocket motor operation are inherently less direct since they measure the
action of the motor rather than the effect of this action which is ot real
interest. In any case, the effect of velocity correction monitoring is small,
as is shown in Volume III, paragraph 2.4.3.2.

Guidance schemes for generation of velocity correction commands can
conveniently be groupecd according to whether they are fixed time of arrival or
variable time of arrival. In fixed time of arrival (FTOA) schemes, the
three components of correction velocity are applied in such a way as to pull
out the three components ot estimated target position miss at the preselected
time of arrival. Variable time of arrival (VTOA) schemes might take various
forms, but one method is to attempt to reduce the indicated target miss in
only two directions (e.g., altitude and croes-range distance at the moon)
while allowing the downrange miss, which is equivalent to time of arrival, to
vary. In this way, one degree of freedom is left unspecified, which may be
used to minimize the required thrust magnitude or perform some other
optimization.



In addition to the guidance logic required t» compute the magmtude and
direction of each velocity correction, the selection of correction times must
be decided. Lelection of carrection times, together with the type of correc-
tion to be mace, ha< been a favorite topic of mathematicians for some time.
However, there is no evidence that thc highly compiex optimization schemes
which have been generated are really required for lunar flight. For instance,
in this document anc Ref. 4-8, it has been found tha: using a simple fixed
time of arrival guidance logic and trial-and-error selection of correction
times, the total corrective velocity required on outhbound lunar flights is only
20-30 m/sec and considerably less on the return trip. in Ref. 4-5, an
attempt was made to mathematically optimize the times at which F TOA
corrections should be made, but the results were not particularly good. Thus,
in this study it is assumed that velocity corrections are made at fixed,
preselected time during the flight.

4.4 SYSTEM MODELS

In the previous subsection, the essential elements of a space guidance
system have been discussed, emphasizing the mathods which would be useful
during the Midcourse Phase of a Manned Luunar Mission. In this subsection,
the systermn models wiich will be analvzed are discussed and the reasons for
choice of these models are given.

4.4.1 Model Selection

The categorization of sysiem models according to observables and sensor
methcds, which was given in paragraph 4. 3. 2, is repeated here for convenience:

Range:
Optical measurement of angle subtended by earth or moon
Ground tracking of beacon or transponder
Timing of radar echo from earth or mcon

Velocity:

Grcund tracking of beacon or transponder
Active doppler radar in spacecraft

Velocity Rate:

Acc 'erometers (for acceierations other than gravitationai)

-!es Between Earth and Moon:

Measurement of antenna azimuth and elevation angles on ground track-
ing system
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Optical measurement of angles between sta:- direction and reference
point (horizon or landmarks) on earth or moon

Examination of the above list shows that all the methods mentioned may be
grouped under three general categories:

a. Ground tracking of signal from missile transponder or beacon
b. Onboard passive (optical) measurement of space angles
c. Onboard active radar measurements of range, and range-rate

(The above list excludes zccelerometers which yield no new information dur-
ing free-flight.)

Of the three possibie methods, principal study effort is devoted to (b) on-
board passive measurements of space angles, for several reasons. Onboard
active measurement of range or range-rate does not look attractive due to
the large power requirements which are involved in trying to transmit cver
cislunar distances which may range up to 175, 000 km tc the nearest planet.
Power calculations done later in the study indicate that the power ana dish-
size requirements for accurate (¥10 km) microwave ranging off the lunar sur-
face at this distance are enormous (typically 49 kw pezk power with a one-
meter antenna). This does not completely rule out active radar ranging during
midcourse, since at closer ranges it may be useful, such as in combination
with the optical system. However, the power and antenna requirements would
preclude acti--~ onboard ranging as the sole navigation input unless no other
method existed.

Ground tracking techniques including trackirz ot spacecraft beacon and
transponder signals have been demonstrated to be excellent orbital determina-
tion methods by JPL oun their Ranger and Mariner programs. However as
pointed out in subsection 3. 2, an extensive analysis of ground-tracking from
the earth would be pointless for this study, since this work has already been
covered in many fine papers from JPL (e.g., Ref. 4-11, 4-7, and 4-12).

Although the feasibility of onboard optical methods has been demonstrated
in Ref. 4-5 and 4-6, these analyses have been primarily conc :rned with the
statistic:] data-processing aspects of the problem. In addition, many of the
assumptions made in these studies have not been narticularly applicable to
manned lunar landing missions.

While emphasis in this study is on passive onboard methods, some work is
done on ground-tracking systems for comparison, although most of this infor-
mation is obtained from references. Onboard active systems are noi con-
sidered, except as additions to an optical system during certain limited periods
of the flight. The onboard and ground tracking systems assumed as system
models are described in the following paragraphs.
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4.4.2 Onbourd System Mode!

The principal onboara guidance system to be invectigated is described
in table 4-1 and figure 4-5.

TABLE 4-1
ONBOARD GUIDANCE SYSTEM MOCEL FOR MIDCOURSE PHASE

Observables Single angle between star direction and land-
mark cr horizon on earth or moon

Sensor Device Onboard optical instrument

Navigation Method use of minimum-variance technique to
statisticalily weight data

Use of linearized deviation equations about
reference trajectory

Control Mechanization High-ti:rust rocket motor
Guidance Logic Fixed time of arrival
Control Monitoring Onb-ard accelerometers (3-axis)

#* STAR
DIRECTION

eove

HORIZON BI;ECTth
t -
SPACECRAFT
LONG RANGE
CLOSE RANGE SPACECRAFT 1780C- ve-|

Figure 4-5. Angle Measurement for Orboard System Mode:
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Although the primary observables chosen for analysis are the angies
between some reference point and a star direction, the model formulation
is extended to include a theodolite-type device, which measures the azimuth

and elevation of a planet in an inertial coordinate system. This is the same
as measuring two single angles simultane-usly.

Note that the choice of observatles depends on the distance from the
planet involved. This is because at ciose ranges, a landmark such as a
small island may be more easy to detine visually than the horizon, while at
long distances, the horizon may be the only readily distinguishable feature of
the planet.

In Ref. 4-5 the feasibility of a single-angle device (sextant) having an
accuracy oi 10 arc-seconds rms is shown, while in Ref. 4-8 a three-angle
device (theodolite) is assumed having an rms accuracy of 10 arc-seconds
in each of threz measurements, azimuth, elevation, and subtense angle.
However, it is shown in Ref. 4-8 that the measurement of the subtense angle
contributes little, so this measurement is not considered in this study.

The use of the minimum variance trajectory estimation method is assumed.
As far as the anaiysis is concerned, use of either this methkod or weighted
izast squares is equivalent. Since minimum variance is more amenable to
onboard computation, and also more convenient to analyze, it will be assumed
that this method of trajectory estirnation is used.

Fixed time of arrival (FTOA) guidance logic is assumed because of its
simplicity, both in onboard implementation and for analysis.

4.4.3 Ground-Tracking Model

The ground tracking model assumed is described in table 4-2. This model
was used in an analysis of ground tracking methods in Ref. 4-13, and is shown
here only to describe the ground-tracking system model whose performance
is compared with the onboard system model analyzed in Volume IIIL
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TABLE 4-2
GROUND TRACKING MODEL (REFERENCE 4-13)

Stations {3} johannesburg, Rosman, Carnarvon
(6) Johannesburg, Rosman, Carnarvon,
Hawaii, Houston, Madrid

Observables Transponder range and range-rate

Accuracies 10m - 24 meters (1 ¢ Range Accuracy)
0.077 - 0.237 m/s (1 ¢ Range Rate Accuracy)

Data Rates (1 pt/min and 1 pt/10 min.)

4.5 ANALYTICAL 2 PPROACH

The analytical appro:.:h for this study is directed toward determining
requirements for onboard optical navigation, with ground track’ng considered
only for comparison. An outline of the analytical approacn is detailed beclow:

a. Generatior of Trajectories - Numerical computation of .he four
earth-moon trajectories listed in subsection 4. 2.

b. Development of System Equations and Computer Program - Develop-
ment of equations to descrihe the operation of the guidance system and
writing of computer programs to use the equations to analyze system per-
formance.

c. Analysis of Guidance Scheduling Problem - To make efficient use
of a given number of onboard operations (corrections and observations), some
analysis of the effect of the number and timing of the observations and cor-
rections is made. This is done to elicidate some of the general principles
applicable to lunar guidance and also to avoid overspecifying system require-
ments because of poor operation scaeduling.

d. Variation of Parameters - Some of the important onboard guidance -
system parameters which are varied to determine their effect on overall
system performance include:

® Sensor errors (rms)

® ILandmark and horizon uncertainties on earth and moan
® Measurement timing errors

¢ Number of neasurements

® Type of measurements (moon-star, earth-star, etc.)
® Initial trajectory estimation errors

® Velocity correction errors
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e. Other Errcrs - Review of other error sources not included in
computer program formulation by extrapolation of resclts from cther studies.
These errors include:

® B:as-type errors’
® Errors in estimation of the astrodynamic constants

f. Double-Angle Methods - Comparison of the effective.i:ss of thecdolite
(double-angle) measurements and sextant (single-angle) method -

g. Ranging - Analysis of the usefulness and feasibility of orboard
ranging

h. Comparison with Grouad-Tracking - Results obtained in this study
are compared with results of analysis of midcourse guidance by ground-
tracking.

i. System Requirements - The requirement. for an onboard guidance
system using arbitrary performance criteria

j. Conclusions and Recommendations - General conclusions and
recommendations for a guidance systemn: useful in midcourse guidance are
given. )
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5 LUNAR PARKING ORBIT AND DESCENT

The guidance problem in a ballistic orbit about the moon is similar in
several respects to the midcours > guidance problem just discussed. First,
guidance operations can be conducted in relatively leisurely fashion cornpared
to guidance during powered landing or rendezvous. In addition, thrusting
onmerations will be brief, so that most of the time the guidance system will be
operating open-loop and the navigation and control aspects of the problem
can be dealt with aeparately.

Despite these similarities, the radically different trajectories employed
in the Orbital and Midcourse Phases make mandatory the separate a1 alysis
of the two phases. The differences between the phases are primarily due
to the much shorter ranges involved in orbital guidance and the much more
rapidly changing conditions than in the Midcourse Phase. These factors might
be expected to influence not only sensor accuracy requirements but also the
way in which the navigation measurements are implemented.

The Problem Definition for orbital guidance is similar to that developed
in the previous section; i.e., trajectory models and system models (consisting
of navigation and control schemes) are dev:loped and an aralytical plan is
formulated for determiring the system requirements. However, it should
be pointed out that the analytical plans for the Orbital and Midcourse Phases
are rot exactly paraliel for two reasons: (l) the different geometric and
dynamic characteristics of each phase tend to place emphasis on different
elements of the guidance problem and (2) in the study program it is con-
s‘dered advantageous to investigate problems which might be common to both
phases in only one analysis or the other, thereby avoiding redundancy in the
study effort.

5.1 SELECTION OF TRAJECTORY MODEL

In subsecticn 2.5, it was stated that the expected Apollo mission prcfile
served as a model for trajectory selection for the entire study effort - pri-
marily because of the fact that the guidance operations required for that mission
are typical of all guid_.oce operations which might be used on a Manned Lunar
Mission. The nominal Apcllo flight plan, after descent into a low-altitude
lunar orbit, consists of a circular orbit during which navigation data is
obtained, followed by the separatior of a landing vehicle from the mother
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vehicle. This landing vehicle then fires a retrothrust which places it in the
so-called synchroncus descent ellipse. This descent (to about a 20-km
periselenum) requires about cne-quarter of an orbit and the ellipse has an
orbital period equal to the period of the mother vehicle, so that if no landing
maneuver is initiated, automatic rerdezvous will be possible,

Although the mission prcfile described above was generated for the Apoilo
mission, there are many reasonc for adopting similar plans for any manned

lunar landing mission. For instance,use of a parking orbit around the moon
has several attractive features:

a. The use of a parking orbit of approximately one revolution allows
sufficient time to take navigation datz and refine the estimate of position and
velocity.

b. The parking orbit affords the opportunity for visual inspection of
the landing arcza from orbital altitude.

c. The use of a parking orbit affords considerable mission safety,
since if problems arose in thrusting into a lunar orbit, there would stiil be
a chance of safe return to earth, while such a failure on a direct-descent
mission could be disastrous.

The use of the descent ellipse to achieve a 20-km periselenum is advan-
tageous for several reasons:

a. A low-altitude pass over the target site is possible before initiating
the powered landing maneuver.

b. A fuel saving will result from starting the powered landing maneuver
at as low an altitude as possible (although larger thrust engines are then
required).

The particular advantzges of tae synchronous descent ellipse (as compared
to, for exampolz, the 180-degree Hohmann transfer ellipse which is the
minimum-energy descent) are:

a. Automatic rendezvous with the mother vehicle is possible 1f landing
is not attempted. (This rendezvous would probably require some maneuvering,
but should at lza<t be feasible with reasonable fuel expcenditure,)

b. Although the 180-degree Hohmann transfer descent requires less
fuel, any desired small plane changes would require another correction about
90 degrees irom periselenum. Since the synchronous descent ellipse covers
about a 90-degree arc, the plane change could be econemically incorporated
into the descent velocity pulse so that only one retrothrust need be made.
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c. It is expected that the synchronous descent method would be con-
siderably less sensitive to errors in applying the retrothrust due to the
shorter arc (90 degrees compared to 180 degrees for the Hohmann transfer).
Thus, navigation data during the eli‘ptical descent will not be required.

Other aspects of the mission profile are:

a. It will be assumed that ordinarily no attempt will be made to cor-
rect the parking orbit, since exact altitude is not critical and it is more
economical to incorporate any desired plane cnanges in the descent retro-
thrust.

b. The parking orbit, the descent ellipse, the landing site, and the
terminal phase of the midcourse trajectory wiil all be nominally in one
plane. This condition is desirable, of czurse, in order to minimize fuel
requirements.

This completes the discuzsion of the mission profile for the Orbital Phase.
Before going into the discussion of trajectory model generation, however,
it shoulcd be pointed out that aithough the Apollo mission profile involves the
use of two vehicles, and subsequent rendezvous, there is no reason why the
synchronous descent method described cannot be used by a single vehicle.
In fact, all the analytical results generated in the study of the Orbital Phase
are equally appliczble to one-vehicle or two-vehicle operation.

The trajectory model used for this study is simp.y described: a circular
orbit of 200 ki is used as a parking orbit and the coplanar descent ellipse
is defined by its 20-km periselenumn and orbita. period equal to that of the
parking orbit.

It is assumed that the vehicle would s injected into the parking orbit
at a point which is defined by the intersection of the earth-moon centerline
and the lunar equator on the far side of the moon. It is further assumed
that the desired periselenum of the desctut ellipse is above some arbitrary
point on the lurar surface as shown on figure 5-2. The figure also illustrates
the relationship between the rmoon, sun, and earth at the time of arrival at
the moon. Third-quarter lighting conditions are assumed, as this seems
to be in line with current mission planning.

It should be pointed out here that the subsequent analysis is sufficiently
general so that none of the factors mentioned in the previous paragraph would
be expected to effect any of the analytical results sigrificantly. However,
the lighting conditions might inlluence the types of sensors which could be
used fo: navigation, since it can be seen that for much of the orbit the vehicle
will be on the dark or unknown (far) side of the moon.
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5.. SELECTION OF SYSTEM MODEL

The functional block diagram of the general guidance problem in figure 3-i
shows that the description of a guidance system entails specification of the
navigation, guidance logic, and control functions. Since this study is primarily
concerned with sensor requiremc¢nts, the major cirph2sis is on the nrvigation
iurn “tion and, accordingly, the selection of chservables ard data processirg
are discussed extensively in this subsection, while the guidance logic and
control functions are considered only to the exteni required to generate a
reasonable system m.odel.

5.2.1 Navigation Measurements

The analys:s of the Orbital Phase deals only with onbuard navigation
measurements. There are two primary reasons for this choice: (1) there is
little published data which deals with the topic of cnboard lunar orbital
navigation and (2) the use of earth tracking facilities is made difficult by
the nonvisibility of the sate'lite over nearly half an ocpit and the fact that all
measurements are refererced to the earth rather than the moo=z.

At the outset, it appears that a wide variety of chservables can be
meagured from the vehicle. These include:

o Time at which a star is eciipssd by the edge of the moon
¢ Angle between two landmarks s
e Angle between a star and a landmark ‘
e Angle between a landmark anc either the local vertical or the edge
of the moon
# Angle between a sf \r and either the local vertical or tke edge ot the
moon
e Range rate (doppler) measurements with respect to a beacon or to a
distinguishabie landmark
® Slan! range to a beaccn or to 2 distinguishable landmark
e Altitude :
e Altitude rate
® Rate of change of local vertical direction

Although the above list indicates a wide choice of observables, not all
these quantities can be easily and conveniently measured. Star occulations, -
angle measurements involving the edge of the lunar disc, altitude, and altitude
rate are sensitive to locall terrain irregularities and, with the possible
exception of altitudes, the effects upon measurements are not easily cqrrected.

If a horizon scanner is us;d to obtain Jocal vertical, measurements may
also be affected by departures from a spherical shape but to a leaser degree
because of averaging over both time and scanner field.
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Measurements involving beacons are possible only when previous missions
have landed several accurately located beacons along the orbital track. It is
also desirable to avoid any dependence upcn accurately known, readily dis-
tirguishable lunar landmarks, especially on the urknown or dark side of the
moon. I addition to problers of availability, the measurement of landmark-
star angles may introduce fieid-of-view problems; moreover, even with a
_completely unobstructed view from the vehicle, any particular point on the
lunar sphere will be visible only for a limited portion of the orktital duration.

Asgide from the above considerations, wh2 information content of the chosen
observables must be taken into accourt. Leocal vertical rate, for example,
does not help to determiine the plane oi the orbit; the same is true of altitude
and altitude rate. The first condition to be satisfied, then, is that the chosen
observables must be sufficient to define that orbit cornpletely. At the same
time, the numb=sr of different observables to be used should be kept at a
minimum, for practical reasons. Given these conditions, the selection of ~
rarking orbit observables should be governed by the following factors:

e Ali chosen obse:rvables snould be readily acceasible when needed. .

e There should be nc loss of information while the vekicle is over the dark
rr the unknown side of tbe moon.

e The chosen observables must not place unreasonable requirements
(e.g., large amounts of power, a broad field of view, etc.) upon the:
rest of the ontoard system.

® It is desirable that the measurements should lend themselves readily to
both manual and automatic operation. This will allow greater standard-
ization between manned and unmanned flights.

e It is desirable that measurements be substantially independent of lunar
rotation, and that large amounts of stored astronomical data will not be
nezded to process the navigation information.

The set of observables consisting of spacecraft aliitude ¢for direct radial
information) ana measurement of the angles between reference stars and the
instantaneous local vertical (for tangential and for out-of-plaae information)
has the desirable features listed above. This, then, is one set of obse.-vables
which is selected for analysis. Also, it is obvious that if the altitude
measurements are delefed from the above system, the resulting set of
observables (local vertical-star angle measurements) meet the listed
requirements. Therefore, this system is also analyzed to determine the
necessity for altitude measurements in the hopes of acluevmg an even
simpler navigation system. -

Briefly, then, the sets of observables considered for analysis are:

a., Altitude and the angle between local vertical and a star
b. Angle between local vertical and a star
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No specific method of obtaining local vertical is specified although typical
hcrizon scanner accuracies are used in the error analyses.

53.2.2 Proces_s_igﬁ of Nav_i&ation Data

The probiem of determining the orbital path of a spacecraft from on-
board observations is quite similar to the trajectory estimation protlem in
the Midcourse Phase. In either case, the orbit is completely determined by
specifying six initiul conditions in equation 4-1. Theoretically, this could
be accomplished t; simultaneously measuring all six components of position
and velocity. Again, the practical objections to this simple pro.ess are:

a. The measurements cannot be expected to be perfec:.

b. Devising an instrument to measure both the pos:tion and velocity
components sirmultar.eously would le quite difficuit.

c. There may be some uncertainty in the astrodynamic constants
(earth ard lunar gravitational field<} which are used in the mathematical

madel. ..

Due tc the above difficulties, it is desirable that the Vna.vigation data-
processing scheme have the following features.

a. The schemes should combine all known information (i.e , navigation
measurements, initial estimates, and error estimates) in some statistical
fashion in order to cbiain an estimate of ‘he spacecraft trajectory that is
optimum in some sense. .

b. The data processing s--home must be capable of using partial data.

c. The estimation prcces. must be convergent, for a wide range of
initial uncertainties.

d. The computational and numerical problems must be amenable to
solution ¢n a spacecraft computer.

Requirements a through c in the above list are met by both the Weighted-
Least-Squares procedure employec by JPL for spacecraft tracking, (Ref. -
5-1) and the Minimum Variance technique as applied to the trajectory es-
timation by Schmidt, Smith and their a=sociates (Ref. 5-2). In item d,
however, the Minimum Variance technique enjoys an advantage, since it is
a recursive technique in which only the previcus estimate is required to
be carried from one observation to another. The Weighted Least-Squares
(WLS) procedure requirss the util:.-ation of ali previous data on each new
estimate, so storage requirements are higher, Pt even worse is that fact



that the WLS requires the inversion of a matrix whose dimensions are as
large as the number of observations. This last operation has been a problem
even with large computers.

As 2 result of the above considerations, the rninimum variance data proc=-
essing technique described in Ref. 5-2, 5-3, and 5-4 is used in this study,
since the computational advantages of this technique are advantageous not
only in an onboard mechanization but also in the navigs "ion analysis.

Some features and limitations of the Minimum Variance techrique which
affect the course of the analysis will now be discussad. One importanc point is
thet Kalman's original generation of the recursive equations waich yield optimal
‘minimum variance) solutions to the estimation problem were de1ived for
iinear systems. Iu rnef. 5-2, Kalman's formulation was applied by making
the assumptioas that (1) the observation deviations (irom nominal va.ues) are
linearly relatad to the tra,ectory deviations and additionally (2) that .Le
trajectory devaiitions at one time are linearly related to deviations a. some
other time. Of ~ourse, neither of these assumptions is exactly true, but
it was assumed thet as long as the vehicle vas reascnably close to its nominal
(trajectory), the approximations are sufficiently accurate.

Another requirement of Kalman's original formulation is that the d,namic
models representing both the system and the error processes be known .
exactly and that, additionally, the statistical properties of the error process
be knowi: exactly. Again, neither of these conditions will be met in a veal
casga, so that some degradation from optimum can be expected.

While investigations of some of the above items have appeared in the
literatuve, an e.fort is made in the analysis to investigat.: the remaining
items, in additon to the determination-of sensor requirements. Specific
points which are analvzed in these areas are listed in subsection 5.4, the
Analytical Plan. -

5.2.3 Guidance Logic and Control Functions

T~

As the primary emphasis in this study is on development of sensor
requirements, a heavy analytical effort on guidance logic and control require-
ments is not attempted. Instead, it was decided to choose a simple velocity-
correction scheme which yields a reasonable systemn model for the analysxa
of navigation requirements.

In this study it is assumed that a high-thrust rocket motor will be used to

send the landing vehicle into the descent ellipse; i. e., the descent maneuver
is assumed to be an impulsive velocity change.
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Guidance iogic can conveniently be classified either fixed time of arrival

~ (FTOA) or variable time of arrival (VTOA). The FTOA guidance technique
is based on a simple principle: a ballistic trajectory can be uniquely detined
by speciiying two position vectors and the time betweewu th+m. Th"g, given
any initial position at t , some desired position at caL t.c achieved by con-
trolling the three components of velocity att ; i, e., by application of an
impulsive velocity change. This is the guidance logic assumed in this study.

It is rer.ognized that on an actual mission some VTOA scheme will ornk-
ably be used to conserve fuel and to achieve a horizontal velocity vector at
ike end of the descent ellipse. However, it is - ;sumed that the use of an
r'TOA logic would be sufficient to illustrate the effects of error propagation
in order to specify sensor requirements.

5.3 ANALYTICAL MODEL

This subsection lists the important features of the trajectory and system
mocels. 7

Trajectory Model:

‘Synchronous descent mission profile.
Circular parking orbit at 200-km altitude.
Synchronous descent ellipse to 20-km periselenum.

System "Model:
Onboard navigation using the following observables:

a. Altitude and star/local-vertical angles
_ b. Star/local-v:rtical angles alone .

Minimum Variance data processing technijue
Impulsive velocity zhanges
Fixed-time-of-arrivai guidance logic

5.4 ANALYTICAL PLAII

In Volume HI senssr requirements for the models chosen are determined
by making parametric variations of the sensor accuracy and the number of
measurements and comparing the results achiaved with some desired error
volume. In addition, considerable effort is spent in examining some prac-
tical aspects of the application of the minimum variance data-processiug tech-
nique to the Orbital Phase navigation problem.-- These topics include:

5«10



a. Determination of whether or not the nominal trajectory can be used
as a reference for orbital estimation throughout the flight. If not, the esti-
mated trajectory must be used, entailing recalculation of the reference
trajectory after cach new observaticn {or after every few observaticas).

b. Determination of whether cr not 2-bcdy equations* can bc used.
Use of these equations is desirable for computational simplicity.

c. Determination of the effact of large initial errors.
d. Determination of the effect of errors in timing the measurements.
e. Determination of the: effect of uncertainty in the error statistics.

To analyze these =2ad other error sources, a computer program is gene-
rated which is capable of both Monte Carlo simulations and the covariance
matrix analysis employzsd in Ref. 5-2, 5-3, and 5-4. In this way the «:ftects
of nonlinearities (which are not considered in conventional covariance anal-
yses) can be determined, and even the validity of the covariance matrix
approach can be established. This approach is a step toward a similar plan,
which has been advocated on a grander scale in Ref. 5-5 '"The ultimate test
of any guidance scheme is a complete launch-to-impact mission simulation,
with Monte Carlo selection of all random disturbances that affect the meas-
urements and trajectory coordinates. " :

* Twa-body equations are the equaticns of motion generated by assuming
that the vehicle is moving in the gravitational field of a point mass at
*he center of the moon.
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6. LUNAR LANDING PHASE

The Landing Phase of a lunar mission is defined as tha. segment of the
flight which begins with turnon of the main landing engir.es at pe~iselenum
of the descent ellipse and terminates with descent of the ianding vehicle to
the lunar surface.

The guidance problem during the Landing Phase is considerably different
from midcourse or orbital guidance for several reasons:

~a. Since the vehicle is thrusting continuously, the guidance system is
operating closed-loop and the navigation, guidance logic, and control aspects

of the problem are much more intimately related than in ballistic flight.

b. The short time length of the powered flight (typically 200 to 300
seconds) and the rapidly changing dynamic conditions preclude the use of a
highly complex or time-consuming navigation procedure.

c. Knowledge of the landing vehicle's position and velocity with respect
to some astroinertial coordinate system may no longer be sufficient because
of uncertainties in target location and tighter terminal accuracy require-
ments. In other words, a target-referenced coordinate system is now
deairable.

Despite these differences the general order of this Problem Definition
and subsequent Analytical Solution (Volume IlI) are the same as for the
Midccorse and Orbital Phases. One difference in the approach, however,
is that in this section, trajectory models are considered after the specifica-
tion of system models, because for the Landing Phase the system models
chosen directly influenced the choice of trajectory models.

Another important point is that for the analysis of the Landing Phase, a
two-dimensional analysis is used, primarily to simplify the mathematics,
since the equations of motion during powered descent are considerably more
complicated than in ballistic flight. This procedure is felt to be justified by
the desired end-results (sensor requirements) of the study; 1.e., sensor
accuracies capable of defining thc downrange and vertical state of the
vehicle should certainly be sufficient for defining the cross-track uncertain-
ties.



6.1 MISSION PROFILE AND GEOMETRY

There are two methods of accomplishing powered soft landings on the
moon. The moon can be approached directly with the Landing Phase
imm-~diately following the Midcourse Phasc. The second technique is to
follow the Midcourse Phase with a parking orbit and then land. The second
technique is preferred for manned flight because of crew safety considera-
tions. (It provides increased abort capability and an opportunity for observa-
tion before committing the vehicle to a landing.) Since manned lunar flights
are given top priority in this study and since the Apollo mission has been
sclected as a nominal mission profile, it is assumed that the landing phase
is initiated at periselenum of a synchronous descent orbi: (described in
Section 5). Landings both with and without guidance aids on the surface are
considered.

The landing operation can be divided into two subphases. The first sub-
phase is the descent from a ballistic trajectory to a state of zero vertical
and norizontal velocity relative to the moon at some small altitude above
the surface. This zero-velocity condition is referred to as the hover state.
The second subphase is the descent from hover to the lunar surface. In this
study, only the descent-to-hover subphase was studied, since it was assumed
that the hover-to-touchdown subphase would be a manual operation.

The basic landing geometry and sever-~l of the | arameters to be used
during the subsequent discussion and analysis are illustrated in figure 6-1.
In this figure the landing site lies in the vehicle plane of motion. X and Y
form a cartesian coordinate system fixed to the landing site, while r and ©
form a moon-centered polar coordinate system which is also referenced to .he
landing site.

6.2 FUNCTIONAL DESCRIPTION OF LANDING GUIDANCE SYSTEM

The functional block diagram of figure 6-2 emphasizes the three sub-
systems considered in this section: Navigation, Guidance Logic,and
Controt. Figure 6-2 shows that the landing guidance system can be
characterized by specification of these three systems and the dynamic
equations of motion.

The primary goal of this study is to conduct an objertive investigation
of the effects of sensor accuracies on the landing system. Threrefore the
discussicn of actual systen: mechanization is held to a minimum, and the
system blocks are defined in terms of equations. For example, the
Navigation Subsystem is defined by the navigation equations which relate
the vechicle state variables to the navigation observables. In addition, the
analytical model of the Control Subsystem is somewhat idealized as will
be discussed in paragraph 6.3.3, in order to emphasize sensor requirements
rather than attitude control or engine requirements.
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The function of the Navigation Subaysiem is to acquire and process in-
formation which can be used to estimate the vehicle state. The data
acquisition instruments are the navigation sensors, and the sensed quantities
are termcd observables. Since the navigation measurements are subjzct
to error, the actual inputs to the . uvigation block are the true values of the
observables plur some measurement noisc.
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The estimated state varialles obtained at the navigation block output form
the ir.put to the Guidance Logic Subsystem, whose function is to generate
thrust vector commands which will bring the,_l'anding vehicle toc the desired
terminal state. The function of the control block is to implement the guid-
ance commands. As pointed ou: previously, this function is sen:ewhat
‘idealized in this study in order to concentrate the analytical effort on senzor
requirements.

The cquations of motion close the loop by relating present and future
vehiclc state to present and past vehicle accelerations. The general form-

- ulation of the equations of mr.ution is the same regardizss of the particular

vehicle system configuration. Hcwever, the actual written statement of
these equations is dependent upon the coordinate system in use.

6.3 DESCRIPTION OF SUBSYSTEMC

The following paragraphs discuss the navigation, guidance, and control
concepts that are avaitable for use on a lunar landing vehicle. The overall
system models to be analyzed ir. Volume III are synthesized from the concepts
presented.
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6. 3. 1 Navigation Subsystem

Navigation refers to the determination of the state of the vehicle.

tion techniques for powered landing are subdivided into two classes: inertia
and direct. Inertial navigation techniques determine pcesition and velocity
by using the initial estimates of these quantities and the integrated outputs
of accclerometers. Thus, the actual sensed information in this case is

acceleration.

Naviga-

1

The principal shortcoming of this approach with regard to the

lunar landing problem is that the accuracy of position and velocity estimates
can never be better than the accuracy of initial estimates (typically 1000
meters in position and 1 m/ sec in velocity as shown in Section 6, Volume

).

The alternative to in=vtial navigation is the use of direct observation of
vehicle state quantities {position, angle, or velocity) or cf quantities directly
related to the state variables of interest (e. g., measurement of angles to
determine position). An advantage of the direct observation approach is tha
information can be obtained which describes the vehicle state relative to the
target or the physical surroundings; e.g., the surface of the moon. This is
particularly important with regard to the landing phase because satisfactory
control of such quantities as altitude, altitude rate, and displacement from
the desired touchdown point are critical to mission success.

For the reasons outlined above, it was decidea to base all analysis of
navigation during thc landing phase on the direct observation of the relative
position and motion of the landing vehicle with r2spect to the-lunar surface
and the desired landing site.

t

Consideration is now given to the selection of observable quantities which
are the inputs to the Navigation Subsyste.n and the determinatio. of combina-
tions of observables that provide sufficient navigational information; (i.e.,
provide sufficient information to allow complete determination of vehicle
state in whatever coordinate system is being employed). The first step is
to determine that quantities can be observec during a Junar landing
trajectory. The available quantities are listed below:

a.
b.

c.
d.

g
h.

i.

Line-of-sight range to a beacon o:r prominent landmark (R)

Line-of-sight range to the lunar surface insome knowndirection (Rp)

Altitude (h)

Line-of-sight angle to a beacon or prominent landmark on the
surface (¢) ‘

Direction of local vertical relative to an inertial reference
Line-of-sight range rate to a beacon or prominent landrnark on the
surface (R) .
Line-of-sight range rate to an arbitrary point on the surface (R}
Rate of change of altitude (h) P
Rate of change of line-ot-sight angle to a beacon or promineat
landmark on the surface (@)
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(The above list and the subsequent discussion of choice of observables is
based on the two-dimensional geomietry .lustrated in figure 6-1. Howcver,
no loss of generality is thus incurred, since the results are easily extended
to cover the threc-dimensionai case.)

Since there are four state variables for the two-diinensio..-l case
(typically, b,8, V and y as shown in figure 6-1), 2 minimum of four differ-
ent observables are required to determine vehicle state completely (ex-
clusive of local vertical sensing which is used to establish the vehicle
coordinate system). Fcwer observables could be useu as ia the Midcourse
and Lunar Orbital Phases, but the continuous thrusting and the compara-
tively brief duration of the entire landing maneuver make this approach of
doubtful value during landing.

It is felt that direct observations to determine the venicle altitude and
velocity vector are essential because of the extreme conseguences that
erro:s in the knowledge of these quantities can produce. Whether or not
observations should be made which wiil allow determination of the down-
range displacement of the vehicle from the landing site is dependent on the
mission requirements. If mission success requires that the landing be
mad- accurately at a specific point, determination of 6 from observed
dato is required because this is the only way that unknown initial horizontal
deviations can be compensated. The observable quantity in the preceding
list tnat is essential to the determination of 6(or range to the target) is ¢
the line-of-sight angle to a2 beacon or landmark of known position relative
tc. th2 desired landing site. If an accurate point landing is not required - i.e.,
il the mission requirements can he satisfied by a landing anywhere in
che neighborhood of the nominal landing site - then observations made solely
to determine horizountal pesition components are not required, because
unknown initial horizontal asviations do not endanger mission success if un-
corrected during the landing maneuver. In the following discussion, pinpoint
landing at a preselected landing site is considered to be a requirement so
that continuous determination of state variable @is essential.

In the determination of what combinations of observables yield complete
state information, position and velocity determination are considered
separately. Observ:hles yielding position information include range and
angle measurements. The only two combinations of observables which
give complete position information relative to the landing site are h and ¢ or
R and ¢. Complete velocity information can be obtained from only one
combination of two observables; i.e., two measurements of range rate to
the surf{ace ir nonpav-allel directions, denoted R, and R_. (The direction
of each of these measurements must be known with respect to the Landing
Phase coordinate system, but this coordinate system is assumed to be
established independently.) Other possible combinations providing complete
velocity information require ‘tnowledge of more than two observables.
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However, the extra observations are found to be those required {or position
determination anyway; e.g., R and R, ¢ and ¢. The observables h and
h can be substituted for line-of-sight range and rarge rate.

There are several ways to combine the observations required for position
and velocity determination given above to forin a system providing complete
navigation inforrnation while using the minimum number of observables:

R' R'l¢' &i
h.o, R, R,
h, h, ¢.’ ¢ .
R, ¢, R, R,

Of these, the first two combinations are selected for investigation in this
study. Although four schemes are listed, there are really only two basic
approaches and these are adequately represented in the first two sets of
observables. These two approaches are denoted beacon tracking (observ-
ables R, R, ¢, ¢), and doppler navigation (obcervables h, $, R., and R},
the nomenclature being based on a possible velocity determination tech-
nique.

As pointed out in tne beginning of this section, all these results are
directly applicable to a three-dimensional gsystem. Thus, in three dimen-
sions the selected observable sets are R, R, b, ¢e' Qa» cba (beacon track-
ing) and h, de, $,- R1. Rz, R3 (doppler navigation) where ¢ and ¢, are
the elevation and azimuth components of the sightline angle ¢.

6.3.2 Guidance Logic Subsystem

The Guidance Logic Subsystem generates acceleration commands based
on the estimated vehicle state and sends these to the Control Subsystem
(which consists of the landing engine and attitude controls). The obvious
goal is to guide the vehicle to the desired ‘endpoint. Fixed guidance tech-
niques such as a scheme employing a predetermined and stored thcust
vecto:r program with no provision for modification can be rejected immedi-
ately on the basis that they provide no means for rem.oving initial condivion
errors. Since these errors are likely to be on the order of hundreds or
thousands of meters in position and a few meters per second in velocity,
unsatisfactory if not disastrous terminal conditions can resuit. (This same
argument is used to reject inertial navigation.) Thus, this study is re-
stricted to the investigation of navigation, guidance, and control concepts
using guidance logic which is flexible enough to cope with significant
deviations from the nominal initial state.
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Guidance concepts for the Landing Pt_3se can be classified convenicntly
as linear or nonlinearlguidance laws. Linear guidance entails the use of
linear operations on the observed deviations from some nominal trajectory
to derive thrust commands. Nonlinear guidance involves the calculation
of the thrust commands from nonlinear operations on the state variables
themselves, rather than on deviations of these variables from some noiminal
values. The primary differences between the two methods are that (1) linear
guidance requires the use of nominal trajectory data, whereas nonlinear
guidance does not and (2) selection of a particular nonlinear guidance lawv
may limit the class of trajectories which can be flown, whereas linear
methoas are perfectly applicable to any trajectory.

Since eack class of guidance has certzin advantages and limitations, both
ceses are considered in the Landing Phase analysis. In this way, any
sensor dependence on guidance logic can be determined. Therefore, a typical
guidar.ce method from each of the two classes (linear and nonlinear' is chosen
for investigation. The two guidance scl2mes employed in this study are a
linear predictive guidance scheme, hereafter called "'linear", and a noulinear
modified proportional navigation scheme hereafter called "MPN." The linear
guidance scheme computes acceizration control commands from linear opera-
tions on estimated deviations of tie vehicle state from the reference state.
The tasis for comparison between estimated and reference states is the
independent variable used in storing the reference information, The
inderendent variable used in this si1dy is time?,

The linear guidance concept requires that the reference state variables
(reference trajectory) be available as functions of time throughout the
performance of the landing marneuver. This requirement can he achieved in
either of two ways: precomputaticn anc storage or onhoard .omputation of
the reference state,

In general, the equations used for linear yuidance can involve time-
varying coefficients or gain facicrs. The time-varying nature of these
coe:ificients does cot affect the L.nearity of the system 20 long as the functions
which describe the time-varyirq coefficient: are not also functions of the

1 : . . -
Other common terms for the linear guidance meihod are "implicit" and

'"delta'’, and nonlinear methods are often called ' :xplicit. "
2 s . . . .
Other quantities can be used as the independent variable. ¥or instance, n

Ref., 6-1 the noise-free performance of a linear sys‘em in which velocity
iy the independent variable is reported.
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guidange system inputs which are the otserved deviations from the reference

state.© Time-varying system parameters of this nature must also be either
precomput d an? stored or computed on board.

The MPN guidance scheme is nonlinear, since the acceleration commands
are generated from nonlinear operations perfcrmed on guidar.ce system inputs.
In the MPN guidance, the estimated state variables are used directly as
inputs so that no referenc: trajectory is required. The MPN guidance
concept also employs time-varying system parameters, and these parameters
or the functions which deternmiine them are stored or board the spacecraft.

1ae linear and MPN guidavce schemes used in this study were evolved
frora sirmnilar schemes whizh were shown to give good noise-free results in
Refs. 6-1 and 6-3 respectively. Detailed discussion of each guidance scheme
is given in Volurae III.

6.3.3 Control Subsystem

The function of the Control Subsystem is to convert the commands
generated by the Guidance Subsystem into actual vehicle accelerations. In
general, satisfactory realization of this function requires control of vehicle
attitude as well as engine thrust level and orientation (if gimbaled engines
are used). Since detaiied investigation of the attitude and engine contral
function is not considered to be within the scope of this study, this function
18 not given detailed examination. When in the course of the study it becomes
necessary to characterize this control subsystem, it will be described in
terms of general mathematical concepts; e.g., time lags, correlation
properties, and simple transfer functicns. No more detailed consideration
is given than is required to produce equations which provide a reasunable
approximation to hehavior of a typical control subsystem.

€.4 LANDING TRAJECTORY

Landing trajectory analysis and optimnization are not considered to be
within the scope of this study. However, since typical trajectories are
required for the system analysis, several desirable characteristics of lunar
descent trajectories are listed below:

Minimum fuel consumption

Vertical approach to the hover point. (This is desirable for three
reasons: landing site visibility, terrain clearance, and small horizontal
velocities near the end of flight.)

3In Ref.6-2 the basic requirement for assumption of a linear system is
satisfaction of the principle of superposition. This requirement is used
to define linearity in this study.
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Trajectories which nominally require continuous thrusting at a constant
level. {Thus the highest thrust required is minimized and the
throttiing range over which thrust is varied is smali.)

The larnding trajectory begins with engine ignition at periselenum of the
synchronous descent orbit. Thus, the nominal vertical component of
velocity is initially zero. Nominal initial horizontal velocity is determined
by initial (periselenum) altitude and the nominal altitude of the circular
parking orbit. The cptimum initial altitude for the landing maneuver is a
function of several factors; e.g., landing site visitility, thrust level, and
trajectory constraints. Initial range to the landing site is also a function
of several factors. These two quantities (initial altitude and range) define
the initial conditions for the powered landing operation.

The nominal termination of the descent subphase analyzed in this study
is a zero-velocity hover state directly above the nominal landing site. The
hover altitude can be selected arbitrarily ard can Le set to zero, in which
case the hover-to-touchdown subphase is nonexistent. However, the
particular hover altitude selected is not a critical parameter in the perfor-
mance of this study, since the effect of a variaticn in hover altitude is
equivalent to a like variation in che initial altitude. The effect is to translate
the entire trajectory upward or downward by the amouxt of the hover altitude
variation.

The following paragraphs discuss the trajectories chosen for analyzing
performance of the two guidauce te.hniques (linear and MPN) sclected for
evaluation.

6.4.1 Trajectory Characteristics Required by Linear Guidance Technique

In the linear guidance methnd, the guidance commands are determined
from estimated deviaticns fron: the reference trajectory. Ilo particulur
cunstraints on trajectory characteristics are imposed by this guisance concept
so that one is free to select the type of trajectory desired.

The nominal trajectory which was selected for analysis of linear guidance
is a constant-thrust, gravity-turn trajectory; i.e., the thrust vector is
colincar with the velocity vector but cf opposite sense. This ‘rajectory model
was selected because of the following desirable characteristics:

- ® Continuous; constant-thrust resuits in minimum engine size and greater
reliability due to the lack of throttling requirements.

e The gravity-turn thrust program yields near-minimum fuel consumption.
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© The gravity-turn thrust program offers good terrain clearance and

visibility characteristics. Finzl approach to the hover point is nearly
vertical.

e The gravity-turn thrust program automatically rotates the vehicle to the
proper attitude at hover (thrusting straight down), so that no last-second,

high-velocity rotations are required.

6.4.2 Trajectory Considerations with Respect to MPN Guidance

There is not complete freedom in choosing a trajectory when the nonlinear
modified proportional navigation guidance is employea. A class of possible
trajectories is generated by varying the gain factors in the guidance equations.
Generally the range of allowable values of these factors is limited, and hence
the range of trajectory characteristics available with the chosen guidance law
is also limited. If the application of a guidance law produces a class of tra-
jectories that are unsatisfactory, the g.ida:ice law must be modified.

When a guidance law is found which prodires acceptable trajectories, the
gain factors are varied within their allowaole ranges until the combination
producing the most desirable trajectory is found. The nomlinal trajectory can
be generated by applying the resuiting guidance law to a mathematical mouel
_consisting of the nominal initial state and the assumed vehicle thrust capability.

6.5 SUMMARY OF ANALYTICAL MODELS

Capsule dcscrriptions of the models assumed for the analysis of the Lunar
Landing Phase are given below: '

Trajectory Models

Mominal initiai altitude at 20-kilometers to final altitude of 500 rneters.
Two trajectory types are:

a. Constant-thrust gravity turn

b. Approximation to optimum fuel trajectory

System Models

Observables
a. Range, range-rate, line-of-sight angle, and angle-rate to
reference pcint (beacon tracking)
b. Altitude, line-oi-sight angle, and two components of range rate
to lurar surface
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Cocrdinate System

Moon-centered polar coordinates, referenced to target
Guidance Logic

a. Linear predictive guidance

b. Nonlinear modified preportional navigation

6.6 ANALYTICAJL APPROACH

The output of the investigation in Voluine IlI is an error analysis evaluating
the <ffects cf navigation and contrel sensor errors on the performance of a
lunar landing vehicle. The backgrourd analyses required to achieve these
results include such items as generation of nominal trajectories, guidance
specification (gain factors), determination of navigation equations, and
characterization of the control subsystem. The outputs of these preliminary
efforts quantitativeiy define the system to be investigated and are therefore
inputs to the erro— analysis.

Another input to the error analysis is the sensor errcr model itself.
Two general types of sensor errors are considered: bias errors and random
or fluctuation errors. The term bias error refers to an error which is
random over the ensemble of possible missions but which is fixed for any one
member of the ensemble. One can refer to the statistical cha.acteristics of
bias errors. (i.e., the rms value), but the average is over the ensemble
of missions. Random or fluctuation errors on the cther hand are random
during any single mission as well as over the ensemble of missions.

The analytical assumptions used are listed below.
e The analysis is two-dimensional.

e The gravitational field acting on the laiding vehicle is idealized by the
assumption of a central force field; i.e., the entire mass of the moon
is assumed to be located at the center of the coordinate system and no
c:aer forces are considered. The spacecraft's gravitational force on
the moon is considered negligible. This approximate astronomical
model is considered sufficient for the short-time high-thrust landing
trajectory.

e The moon is considered to be stationary during the performance of the
descent maneuver. The actual rotational displacement (approximately
1.5 km) of the moon during the time occupied by landing is not negligible.
However, the coordinate system used for landirg navigation is referenced
to a fixed point on the lunar surface. Since this coordinate system
moves with the lunar rotation, the relative motion is zero.
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There are two basic techniques for performing the actual error analyses.
These are simulation of the actual nonlinear navigation, guidance, and control
system and simulation of a linearized model of the system. Either approach
can be used satisfactorily for the analysis of bias errors, though simulation
of the nonlinear systemr yields more accurate results. There is, however,

a definite advantage to linearized analysis for the investigation of random
error effects. The reason is that ensemble statistical results can be obtained
directly by means of linear analysis, whereas Monte Carlo techniques must
be used to evaluate nonlinear systems. Mcnte Carlo analysis involves making
a multitude of simulation runs with differeat random error records on each
run. The result is an ensemble of terminal errors which is analyzed to
determine ensemble statistical characteristics. If more than one source of
random error is present, the required statistical analysis becomes quite
complex.

On the basis of factors considercc above, it was decided that bias errors
should be evaluated by simulating their effect on the performance o7 the
actual nonlinear system. Randem errors, however, are analyzed ia terms
of ensemble statistical averages and linearized system models.
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7. JLLUNAR ASCENT

7.1 INTRODUCTION

A comparison of typical nowered trajectories used to land on *tl.e moon and
to ascend from the moon to rendezvous indicates a similarity between the two
phases in that the time and velocit, histories in each ~hiase are almostexactly
the same but 1n reverse sequence. This similarily can be misleading, how-
ever. 1f one assumes that the guidance problzm from the twe phases is simi=-
lar. The problems are not similar for the two phases, pr.marily due to the
different end points of each, as wili he discussed below,

In the Landing Phase, the landing vehicle must start with some initial esti-
mates of position and velocity (i.e., orbital information) which a e referenced
to the assumed lunar model and then guided to a target whose cenrdinates are
not known perfectly. Thus uncertainty in target positioi. makes the use of
target-referenced measurements and coordinates desirable for iine accuracy.
However, in the Ascent Phase both the initial estimate (of the launch site) and
the desired ballistic trajectory are referenced to the same astronomical
model. In other words, in the Ascent Phase it is assumed that attainment of
a particular trajectory is sufficient, since active rendezvous techniques
(Section 8) will be used to make up for initial uncertainties as well as guidance
inaccuracies in the Ascent Phase. It is assumed that no measurements
between tte ascending vehicle and the orbiting vehicie will be made, since it
is desirable that the ascent guidance be autonomous so that the vehicle may
ascend from the surface at any time, if required.

Another unique characteristic of the Ascent Phase is that the initial state
estimate (position and velocity of the launch site) must be obtained while the
spacecraft is on the lurar surface. Although a more leisurely determination
may be aliowed, certain accuracy problems arise due to possible anomalies
in the moon's composition which cannot be averaged out because the vehicle
1emains at the same spot. Tais surface position determination problem is
discussed in paragraph 7.5.1.

in the Ascent Phase, it will be assumed that all nominal trajectories are
two-dimensicnal anéd coplanar. This is the situation which will exist when the
launch site is in the plane of the target vekicie's orbit. However, the =rror
analysis itself is three-dimens cnal, o error components perpendicular to
the nominal orbit plane are considered.
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7.2 MISSION PROFILES

Three mission profiles were assumed to be applicable to the problem o«
launching a vehicle from the surface of the moon into a trajectory which is
convenient for rendezvous with some orbiting vehicle. These three mission
profiles are illustrated in figure 7-1. In figure 7-1(a), the lunar launch
vehicle thrusts all the way so that nominally at boost cutoff the positions and
velocities of both the launching and orbiting vehicles are identical. In figure
7-1(b} the boost engine is cut oif when the iaunching vehicle position and
velocity are such that the resulting ballistic trajectory is on a rendez'ous
scurse with the orbiting vehicle. In figure 7-1{c) the .aunch vehicle is sent
into an orbit which is nominally coplanar with the terget orbit but at a lower
altitude. Transfer of the launching vehicle to the higher orbit is accom-
plished by reigniting the launch engires at some point L. In both figures
7-1(b) and (c), the ballistic phase of the ascent consists of a Hohmann trans-
fer (180-degree) ellipse. Although this particular type of transfer trajectory
is not necessarily optimum, it was used in this study to determine the maxi-
mum <=ffect of sensor errors.

It should be noted that in figure 7-1(c) the Ascent Phase is independent of
the targetin- vehicle, so that the resilts of analysis of this case are directly
applicab.e to the problem of launching a vehicle into a lunar corbit in a non-
rendezvous situation. /

The following paragraphs discuss some of ti.e important aspects of each
type of ascent.

7.2.1 All-Powered Direct Ascent

P.endezvous with an orbitiny vehicle can be accomplished by thrusting the
launch vehicle continuously until its position and velocity coincide with that of
the target vehicle. Some {eatures of this method compared to the other two
misgsion profiles are immediately apparent. First, the weight cost of this
method is greatest since, in general, weight in orbit is increased by using a
high-thrust, siort-duration {rajectory rather than a lower thrust and longer
time, Sscond, the time recuired to achieve a rendezvous is shortest. Finally,
this method of achieving rendezvous is expected to be ieast sensitive to sensor
errors, although it is quite sensitive to leunch timing errors.

All-powered aacent to rendesvous is not completely unreasonable from a
weight standpoint. For instance, this method would be expected to achieve
smaller terminal errors than launch to a ballistic trajectorv, thus resulting
in a possible furl saving in the terminal rendezvous phase. Thus, although
this method of ascent to 1endezvous is not necessarily optimum, the sensor
requirements for this case are analyzed.
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7.2.2 Ballistic Direct Ascent

In the ballistic direct-ascent trajectory assumed in this study, the launch
engine cuts off at a 30-kilometer altitude when its velocity is that which will
send ti;e vehicle on a Hohmann transfer ellipse (180 degrees) to rendezvous
with the target vehicle at 200 kilometers altitude. This trajectory and the
all-powered irajectory are at opposite extremes, since the ballistic trajec=-
tory is a minimume-energy/maximum-time transfer. However, launch
tiining requirements are expected to be just as critical and in addition,
errors which exist at engine cutoff will propagate over 180 degrees of arc,
thus growing larger than errors in the all-powered case. ’

7.2.3 Ascent to Parking Gcbit

In the parking orbit method, the launching vehicle thrusts into a 30-kilo=-
meter circular orbit somewhat later than it would for a direct lavach. It
coasts in this orbit until the central angle difference between the two vehicles
is correct for injection into a Hohmann transfer elhpse. at which time the :
appropriate velocity impulse is added.

The use of un ascent trajectory to a 30-kilometer circular parking orbit
‘obviously relaxes requirements on launch timing, since the different angular
" rates of the target vehicle (at 200 kilometers) and the launch vehicle will
allow time for the two vehicles to achieve the proper angle relationship for
rendezvous. However, it should be pointed out that when the launching
vehicle is injected from the parking orbit into the transfer trajectory, the
timing of this injection is important. Thus, use of a parking orbit does not
complerely “emove the timing requirements fcr successful rendezvous;
rather, it postpones the need for precise timing from surface launch to injec-
tion from the parking orbit and makes these timing errors less critical.

7.3 TRAJr.C fORY GENERATION

In this subsection some of the factors which influence the computation of
the nominal trajectories used in this study are discussed.

7.3.1 Trajectory Characteristics

In subsection 7, 2 the target orbit is assumed to be in a 200-kilometer
circulax orbit, and for both the direct ballistic ascent and the ascent to park-
ing orbit booster cutoff occurs at 30 kilomneters. The 200-kilometer target
orbit which was chosen for consistency with the other phases of the ana.lysié.
represents a reasonable figure inr a manned lunar mission. The 30-kilo-
meter cutoff altitude was based primarily on safety considerations; i.«., the
lower this cutoff can be made, the more efficient is the launch; but obviously
there must be a lower limit due to launch and terrain prchiems. l'hat icwar
limit was chosen as 30 kilometers. ‘
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In both the direct ballistic method and the launch to parking orbit, it is
assumed that the transfer trajectory between the 30-kilometer altitude and
the 200-kilometer altitude is a Hohmann transfer ellipse. Naturally, this arc
could be made shorter, but the 180-degree transfer is one which minimizes
fuel at the expense of terminal errors. These errors can bhe e:ipected to be
greatest when boost cutoff errors are propagated over such a long arc. Thus,
the assumption of a Hohmann transfer is convenient for -nalysis, since the
complete range of sensor requirements is bounded by the all-powercd case as
one extreme (maximum energy/minimum time) and the cases involving the
Hohmarin transfer as the other extreme.

Finally, ali trajeciories were assumed to be two-dimensional; i.e., the
launch site lies in the plane of the target orbit. This is certainly a derirable
case from the standpoint of fuel savings, due to the cost of ruaking a plane
change. It is felt that this assumption is justified by (1) the primary intent
of the study, which is to determine the sensor requirements and (2) the three-
dimensional exror analysis in which all error components are considered.

7.3.2 Payload Optimization

In all three ascent modes, the nominal powered trajectories generated
are approximations of the trajectories which result from an optimum steer-
ing program for a constant-thrust vehicle. Assume that it is desired to.
achieve a circular orbit at some aititude above the lunar surface with some
fixed thrust magnitude. Since launch position, launch velocity, thrust, and
orbital altitude are all fixed, all that needs definition is the orientation of
the thrust vector as a function of time. It has been shown (Ref. 7-1) that the
optimum weight in orbit results from use of the so-called "linear tangent'
steering program, which is defined by the following egaation:

tan ¢ = a - bt (7-1)

where § is the angle betweea the thrust vector and the initial horizontal
direction (see figure 7-2), t is time from launch, and a and b are constants
determined by optimizing the trajectory for a given set of desired boundary
conditions with a particula: thrust and burning rate.

The optimum thrust-to-weight ratio is inversely related to the orbital
altitude desired (Ref. 7=2). For low-altitude lunar orbits it was found that
the powered flight required a total AV only about 10 percen* greater than
the magnitude of the desired orbital velocity. Thus it can be seen t.:at use of
a constant thrust program (rather than some on-off or variable thrust pro-
gram) is reasvuisble from a fuel standpoint and is desirable for simplicity,
both in the analysis and in the actual mechanization,
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7.3.3 Equations of Motion

The equations which describe the motion of a thrusting vehicle in a
central-force gravitational field are as follcws:

\
X=_g§_+Tcos¢
> m
R L (7-2)
z =_E§3+Tsmq:
R =

where p is the gravitational ccnstant and the other quantities are illustrated

in figure 7-2. Substitution oi the steering program (equation 7-1) in equation
7-2 yieldas the equations of motion for the optimized boost trajectory as shovn
in Ref. 7-3. However, s3some approximations have been made in the equations
which result in order to obtain trajectories which are similar to the optimized-
trajectories but for a simpler mathematical form. These approximation
methods are discussed in gr zater dctail in Ref. 7-1.

7.4 SYSTEM MODEL

Ir. Section 3, it was shown that a guidance system is completely specified
by definition of its Navigation, Guidance Logic, and Control subsystems, where
Navigation is the determiniation of the vehicie state and Guidance Logic and
Control are required to alter the vehicle state. The following varagraphs
discuss the factors that were considered in selecting the elements of the-
guidarze system model used in this stucy.

7.4.1 ’Sel:ction of Observables

The techniques which might be used for guidance of a lunar launching
vehicle can be classified a:cording to the observables required as follows:

Guidance Type Observable
Preset None -
Command Radioed steering signals
Homing Range, range-rate, angle or angla-rate
from target vehicle
Inertial Accelerations in inertial system
Celestial Angle, ranyge an< velocity measurements

referenced to czlestial axes

Of the methods listed above, preset, command, and homing were elimina-
ted irom consideration immediately. Preset guidance (i.e., following a pre-
set steering program) is evidently not sufficiently accurate. Command and
homing guidance are undesirable since they are not autonomous methods.



The choic: between inertial and cclestial guidance 15 a little more difficult
to resvive since either methcd rnigh! be sufficient. However, it was Jelt that
since inertial equipment would be on board the vehicle in any case, it wculd
be desirable to use this equipment for navigation and guidance during the
Ascent Phase witnout other observables, if possible, Thus, in the
analysis (Volume 1II) of the Ascent Phase, it was assumed that the sensed
inputs to the guidance system during flight consisted of measurements ot the
accelerations in the three orthogonal directions determined by an inertial
reference system and mcasurements of time. At launch the observables con-
sist of the time and neasurement of the direction and magnitude of thc
graviiy vector {garagraph 7.5.2).

7.4.2 Nom.nal Syster~ Configuration

Te define a mathematical model of the system for analyzing sensor requi~e-
merts, it is mecessary to be more explicit in defining the guidance sub-
systems for ascent than was the case for other phases. The system chosen
for this study is an inertial system based on a gimbaled stabilized platform.
Thrze single-degree-of-freedom gyros orthogonally oriented on the platform
cstablith a space-fixed reference system. Three linear accelérometers
oriented alo:.g the reference axes are used to obtain velocity and position
within the reference system. The heart of the inertial guidance system is the
gimbaied platform with its associated gyros and accelerometers. The
platform, gyros and accelerometers constitute the boost sensor equipment.

The navigation and guidance for the lunar ascent is performed in a non-
rotating reference frame located at the center of the moon. This reference
is assumed to be equivalent to an inertial reference in the analysis, since the
orbital motion of the mocn during the ascent does not introduce any measur-
able errors into the guidance system. The orientation of the gyros and
accelerometers with respect to the navigational reference frame and the
boost trajectory is shown in figure 7-3,

The stabilization of the platform as previously described is performed by
three single-degree-of-freedom gyros, The analysis is different if two 2-
degree-of-freedom gyros are used. However most recent gunidance systems
have employed single -degse=-f-freedom gyros.

The error analysis (Volume lII) is not dependent upon whether or not rate
gyros or integrating gyros are used.

As previously stated, a specific type of mechanization must be chosen if
an error analysis is to be performed. An alternate method of inertial guidance,
the gimballess system, could be chosen. In such a system the accelerometers
are not fixed in the navigational coordinate system but have a fixed orientation
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2long the axes of the vehicie, To obtain relative position and velocity infor-
mation, the accelerometer signals must be transformed into the navigation
coordinate system. To perform this operation, a transforrnation matrix
which replaces the isolation gimbals of the stable platform must be derived
in a computer from knowledge of the attitude rate of the vehicie relative to
the navigaitona) reference.

The gimbalicss system eliminates the weight and errors associated with
the stable piatform. However, the additional computational requirements
dictate a larger and more cc:aplex computer, The predominani error sources
in the gimballess system are the gyros, since gyro drift and gyro torquing
errors ca' cause the vehicle to depart from the nominal trajectory. The
present siate ¢ the art of gyre design is such that the errors associated with
a gimballess system are comparably larger than with a gimbaled system. In
a gimbaled system the gyros operate in very narrow parts of their linear
ranges in conjunction with high-gain servo loops. In a gimballess system,
rate gyros are normeliy used. Tlrese rate gyros must operate over a much
greater range, and as all gyros have a finite linear range, there is consid-
erable diificulty in producing a gimballess system with all-attitude capabilities
that has operational errors comparable to those of a gimbaled system. There-
fore the girnsaled system was chosen for the lunar ascent analysis.

7. 4.3 Guidance Logic

It is not the intent of this study to develop optimum guidance laws for the
lunar Ascent Phase but instead to concentrate on determination of sensor
requirements. In fact, the error analysis used in this study is not a function
of the guidance logic used. However, a brief discussion of applicable guid-
ance concepts is given to indicate the nature of the guidance problem,

As previously mentioned, the position and velocity of a vehicle at thrust
termination are nceded to determine its resulting ballistic trajectory. These
requirements are independent of the type cf guilance used, The most gener-
ally used techaique for missile guidance is based on the ""required velociiy"
concept. The basis of this concept is that at each space-time point along the
powered flight path, a required velocity vecter can be computed vwhich will
make the resulting ballistic trajectory satisfy certain prescribed guidance
constraints.

Two of the more common types of guidance equations are based on the
required velocity concept. These are explicit guidance equaticns and delta
guidance equations, In explicit guidance. thc cquations of motion are solved
analytically to determine <tcering commands, Tu delta guidance, linear per-
turbations 2kout some nominal trajectory are utilized to generate the steering
commands.
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The two guidance methods differ in several important practical aspects,
Explicit guidance ~quations are complicated because they are nonlinear, but
~they require a mimmum of precomputation, For delta guidance the reverse
1s true.

7.4.4 Ascent Rocke! Peformance

In the analysis of the Ascent Phase, 1t 1s assuitned that rocket engine
performance 1s perfect dur:ing boost) i,e,, there exist no steering errors,
time lags or cutoff timing errors. This assumption is made because of the
study goals, (i.e., to determine boost sensor requirements, not engine per-
formancs requirements). Thic assumption enables the error analysis to be
made independentiy of the guidance logic used, since engine performance is
considered ideal in any cas-,

7.5 ANALYTICAL APPROACH

7.5.1 Summary of Trajectory Models and System Model

The primary inputs of this volume to the analytical work in Volume 11l are
the mathematical models >f the trajectories and systems which are used for
araiysis of sensor requirements. The features of these models are listed
in summary form below:

Nominai Trajectories System Model
1. Direc* powered ascent to 200- 3 single-degree-of-freedom inte-
km circular orbit. grating gyro and 3 linear accelerom-
eters mounted cn inertial platform.,
II. Powered ascent to 20-km alti- T/W ratio optimized for desired
tude followed by ballistic orbit,

Hohmann transfer ellipse to
200-km circular orbit,

IIlI, a., Powered ascent to 30-km
circular parking orbit fol-
lowed by Hohmann transfer
ellipse to 200-km circular
orbit after time delay,

III. b, Same as Illa except that
150-km parking orbit alti-
tude s used.

A block diagram of the assumed system model is shown in figure 7-4,
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Figure 7-4. Block Diagram oif Inertial Guidance Mechanized
in Rectangular Coordinates

7.5.2 Launch Site Eirors

For an inei.ial system, the launch site coordinates serve as the initial
position estimate. Also, since all information sensed by the inertial devices
is referenced to this initial estimate, the accuracy which can be achieved in
determining the launch site is of critical importance, since launch site pcsition
errors may be a limiting factor on guidance system performance, rather than
sensor accuracies. Thus, launch site location accuracy is considered an
important part of the analysis of the A_cent Phagse.

Ultimately, the problem reduces to the determ.nation of the local vertical
and the lunar radius at the launch site. Determination of the lunar radius in
turn depends upon measurement of the local gravitational field. For naviga-
tion purposes, the local vertical is the radius vector from the crigin of the
selenocentric coordinate system extending thirough the launch site. The lunar
oblateness, the centripetal acceleration and gravity anomalies cause discrep-
ancies between the plumb line vertical and the local verical as defined
above. For navigational purposes, some estimate must be made of the
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magnitude of the position errors at the launch site. Initial estimatzs of tue
lunar oblateness and rotational effects indicate that these two factors may not
be significant. The main contribution to deviations in determination of the
local vertical will probably be caused by gravity anomalies.

Determination of the magni-ude of the radius vector depends on comparing
the measured value of gravity at the launch site with the mean lunar gravity.
Insight into this problem can be gained by considering a similar situation
on the earth. In determinirg positions of survey points on the earth, it is
necessary to consider the points as lying on some mathematical surface such
as a sphere cv ellipsoid which is taken a< representative of the shape of the
earth. However, the actual shape of thre earth is quite irregular, and only an
approxima:‘ion of its shape can be made. Therefore the first step in defining
same represen‘ative stape for the earth is to determine the geoid, which is
definedas a sui .ace which is everywhere normal to the 1orce of gravity.
Ordinarily such a surface coincides with the mean surface of the oceans.
Since the maximum value for the acceleration uf gravity occurs a* the
surfacz of the geoid, the deviation of the magnitude of gravitation from that of
the geoid allows computation of the local radius vector. Thus, the groid is
used as a working reference to derfine a mathematical surface representative
of the shape of the earth, and the radius of the earth at any point can be
determined by measuring the acceleration of gravity at that point.

The problem of deterrnining location points on the moon is similar, but

e difficuities may be greater. The lunar surface has no convenient
r _ference such as an ocean. It is possible to determine the shape of *he
selenoid (the lunar counterpart of the geoid) from orbiting satellites. From
this initial determination, a reference surface can be defined for navigational
purposes. Then the navigation problem is greatly simplified if, after a lunar
landing, a measurement of the lunar acceleration of gravity can be made and
from this measurement a determination of the lunar radius at the larding
site ~an be made.

In this study, the expected error in position coordinates at the launch zite
is based on similar errora on the earth. This expected error is calculated
on the basis of present knc wledge of the moon. It is assumed that a lunar
reference surface will he determined prior to the time of this mission. The
error expectation at the launch site is tased on the conuservative assumption
that the knowledge of the lunar surface and associated lunar parameters at
the timc¢ ol the mission will not be any more extensive than what is known to-
day. It is possible that prior to the lunar mission in question, the surface of
the moon including the landing site will have been mapped using high definition
photography techniques. Expzrience on the earth has shown that a high-
altitude photograph enlarged to a 1:50,000 ratio will allow positicns to be
determined to within a few meters. If such were the cace, the error in the
launch site determination could be sharply reduced.
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7.5.3 Error Analysis

The procedure used for determining sensor requirements (in Volume III)
consisis of an error analys:.s in which nnrmalized integrals of the thrust
accelzration components ar: used in conjunction with error coefficients for
the various sensors. These normalized integrzls are time functions of the
nominal thrust acceleration components. Since only four trajectories are
analyzed, a digital computer program is not required, and results are
generated by analytical methods.

At this point, some of the assumptions made in the error analysis are
summarized. The nominal trajectory is two-dimensional, but the error
analysis made is three-dimensional. It is assumed that the rocket motor per-
formance is perfect; i.e., no steering mechanization errors, control lags or
cutoff timing errors occur, Finally, it is assumed that the lunar gravitational
ficid can be represented by a central force field for the analysis if not the
actual system, This last assumption is sensible for parametric analysis, since
errors will propagate in approximately the same manner in the central force
field as in the real physical situation.



8. LUNAR RENDEZVOUS
8.1 INTRODUCTION

The problem formulation for the analysis of Lunar Rendezvous is differ-
ent from those developed in the previous sections for several reasons:

a. Two vehicles are invoi.cd.

b. Rocket cperation might be e-irected to be on-oif rather thar continuous
(as in powered descent and ascent), or short-duration, high-thrust (as for

ballistic flight).

c. Although guidance errors in the rendezvcus procedure will not neces-
sarily result in disaster, the correct pe-formance of the rendezvous is
critical from the standpoint of fuel econo.my.

In this study it is assumed that the rendezvous maneuvering is done by
only ~ne vehicle; thus this vehicle (the '"chaser') nas an active role while the
other veliicle {the ''target'’) is passive.

The analysis done on the rendezvous problem is tvro-dimensional, This
simplifies the analytical formulation of the problem and yet provides results
which are valid for three dimensions, since sensor accuracies sufficient for
in-plane measurements should prove sufficient for lateral or out-of-plane
measurems=nts,

8.2 MISSION PROFILE

8.2.1 Direct and Parking Orbit Modes

The ascent to rendezvous can be performed by direct ascent from the
lunar surface or by first ascending to a parking orbit and then thrusting the
chaser into a rendezvous trajectory. These two methods are illustrated in
figure 8-1,

Of the two methods, use of the parking orbit has the advantage that the
different velocities of the two orbits provide time for the chaser to phase
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properly with the target vahicle for the rendezvous maneuver, thereby opening
up the launch window for ascent from the lunar surface, The use of an inter-
mediate parking orbit is the only rendezvous method considered in this section,
since the direct-ascent is treated in the Lunar Ascent Phase (Section 7).

8.2.2 Nominal Geometry and Subphases

The nominal initial rendezvous geometry assumed for this study consists of
a target vehicle in a circular crbir at 200-kilometer altitude and a chaser
vehicle in a circular orbit at 30 kilometers. The nominal 200-kilometer
altitude for the target vehicle is consistent with the 1est of the study and can
be considered typical for lunar missions. The 30-kilometer parking orbit
altitude was considered to be the lowest-altitude orbit which can be achieved
safely, (A relatively iow-altitude parking orbit is desirable, since its Ligher
velocity allows the chaser vehicle to catch up most rapidly with the target
vehicle). -

Circular orbits are used for analysis although the actual orbits might be
nearly circular ellipses. However, the slight deviations from circalar
position and velocity will not cause errors to propagate in a radically differ-
ent manner from error propagation in a circular orbit.

The trajectory traveled by the chaser between the two orbits is referred
to as the transfer orbit. In this study, the 180-degree or Hohmann transfer
method .+ used because of fuel considerations; the Hohmann transfer is the
minimum-energy two-impulse transfer between orbits. This transfer
method is illustrated in figure §-2. At point I an impulsive change in the
horizontal velocity of the chaser is made to send it into an elliptical trajectory
having a periselenum of 30 kilometers and an apsele~um of 200 kilometers.
- At R the tangential velocity is again increased to place the chzser coorbital
with the target. However, du¢ to errors in the trajectory injection at I, som=
active maneuvering by the chaser will ke required prior to point R to ensure
that the proper terrninal conditions (range and range rates) are achieved.
This active maneuvering begins at A when the chaser-to-target range has
decreased to 25 kilometers.

The rendezvous mission profile shown in figure 8-2 is divided into four
sequential subphases: (1) Injection, (2) Midcourse (Coasting), (3) Active
Rendezvous, and (4) Docking. A brisf discussion of each subphase fcllows.

8.2.2.1 injection

The injection maneuver is tirned to occur when the chaser vehicle, on the
basis of target and/or lunar measuremencs, is properly phased with the
target for the Hohmann trarsfer rendezvous maneuver. The chaser chen
imparts the velocity increment (% 38 meters per second) required to achieve
the transfer orbit.
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Figure 8-2. Mission Profile for Lunar Rendezvous

8.2, 2,2 Midcourse (Coasting)

This ballistic subphase begins immmediately after the injection maneuver

and continues until active rendezvous maneuvering begins,

Injection is

assum=d to be performed with sufficient accuracy so that no corrective
maneuvers are required of the chaser during the midcourse subphase,
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8.2.2.3 Active Rendezvous

When the chaser-to-target range has decreased to approximately 25 kilo-
meters, the chaser bcgins active maneuvering to close with the target in a
prescribed manner. The active phase continues until the range has decreased
to che assumed standoff rar.ge of approximately 50 meters with nearly zero
relative closing velocity,

8.2.2.4 Docking

The docking subphase consists of the terminal phase of rendezvous; i.e.,
the operation nf bringing the two vehicles from the standoff range into actual
physical contact. In this study it has been assumed that at such short rang:s
visual observati>n and manual control are superior to automatic control.
Since this study was not specifically concerned with man-in-the-loop guidance
operations, the docking subphase was not considered.

8.3 PROBLEM STATEMENT

Control of both injection and active rendezvous is assumed to be irom the
chaser vehicle, Further, since manned docking is considered beyond the
scope of this study and no active control is performad during the midcourse
subphase, only the injection and active rendezvous operations are analyzed.

b.3.1 Injection

Since the injection maneuver initiates the rendeivous procedure, any
errors occurring in the applied velocity at injection are propagated =.ong the
transfer orbit, thereby resulting in deviations or errors near the point of
rendezvous. If no errors occurred at injection, there would be no require-
ment, theoretically, for the active rendezvous phase, since no errors
would exist at the nominal rendezvous point and only a single impulse would
be required to place the chaser co-orbital with the target,

Observables upon which the injection can ke based are:
Altitude

Velocity

Relative range

Relative range rate

Attitude {pitch and yaw)

Central angle

Timing

iaclination
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Injection err>rs may develop as a consequence of inaccuracies in measure-
ment of these observables or in execution of the velocity pulse, the resultant
errors being introduced in position, velocity vector, and time,.

In the analysis of the rendezvous procedure, the navization requirernents
for determining the orbits of the chaser a.d the {arget prior to injaction are
not considered but the orbital parameters are assumed known. Therefore,
only the effect of the injection errors, rather than their cause, will be ccn-
sidered, in order to determine the level of error which can be tolerated.

8.3.2 Active Rendezvous

The principal area ot interest in this study is active rendezvous; i.e.,
that portion of the mission during which the chaser performs maneuvers to
close with the target vehicle to within a short stard-off range (approximately
50 meters) at zero velocity, Tais maneuv.ring is necessary because of
injection errors which result in conditions that are nomdeal for the intended

Hohmann transfer.

The primary aim of this study is to obta,” sensor requirements, To
obtain these requirements, a model system is formulated to determine the
performance obtained with different sensor combinations and varying levels
of sensor accuracy. Since the Lunar Rendezvous Phase involves closed-
loop guidance techniques a guidance system of this type is employed to
determine the effect of sensor toierances. This sytem and the associated
control system are defined in the next subsection. The systems are not
necessarily optimum for rendezvous but are considered typical and useful
for analysis of sensor requirements.

8.4 GUIDANCE SYSTEM MODEL

The system model is considered representatie of a rendezvous guida:.ce
system. The use of a guidance system such as described in tkis subsection is
not-necessarily advocated for use in an actual system; the choice is made
to provide an analytical model for determination of senscr requirements.

Coniplete specification of the guidance system model requires description
of the functional blocks shown in figure 3-1. Thus, in the following para-
graphs the navigation (observables) guidance logic (coatrol commands) and
control (contro! implementation) functions assumed as a system model are
described.

8.4.1 Navigation
8.4.1.1 Observables

The guidance system chosen is a hybrid system in which the sightline rate
in the vertical direction is nulled, while a phase-plane relationship of range
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vers.s range rate 1s used to define guidance logic for thrusting in the longi-
tudinal direction.

Because the rondezvous problem is one of determining and controlling the
relative (position and vclocity) between the twce vehicles, observables which
yield this informatioy are requized. They include the relative range, range
rate, line-of-sight aungle, and angular rate between the vehicles., Since the
study u2sed 1s two-dimensional, only one component of line-of-sight angle and
angular rate is used. In an actual three-dimensional case, however, toth an
azimuth component and ar elevation component of these quantities will be
required,

Although nc particular method of obtaining the range, cange rate and angle
rate is specified, lne measurements of these quantities are assumed to be
contaminated by noisc of Gaussian distribution certered about the true value,
The contaminated measurements are processed through a digital smoother
prior to being used for control purposes., The digital smoothing process.is
described in detail in Volume I1II, Section 6.

¥ {LATERAL)
Z (VERTICAL)
X (LONGITUDINAL)

/

CHASER AT
\ INITIATION OF

ACTIVE RENDEZVOUS
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' e [

Figure 8-3, Coordinate System for fctive Rendezvous
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8.4.1.2 Coordinate Systems

The coordinate system used in this study 1s an inertial svstem centered
at the chaser. This system is locked at time t_- the time at which active
rendezvous begins - with the X axis along the line-of-sight ana the Z axis in
the general direction of the iocal vertical. The system is then space-stabi-
lized in this orientation for the duration of the active rendezvcus phase and
used to define the normal and longitudinal thrusting of the chaser. This
procedure is possible because of the relatively corstant orientation of the
line -of-sight with respect to inertial space during the active rendezvous phasc.

8.4.2 Guidance Logic

The guidance logic is different for each of the two coorcdinate directions
(X = longitudinal and Z = vertical) considered in thic study. In the vertical
direction, thrust commands are generated which will null out line-of-sight
rotations. At a distance R, the vertical velocity about the target 1s given by
Re, where ¢ is the line-of- sight, The rocket thrusting time required to null
out this error is givern by:

%2

where a, is the acceleration (assumed constant) provided by the vertical

rocket motor and C= 0. 9 to allow for undershoot., In this study, it is assumed
that a_ is a bi-level (coarse and vernier) to provide finer control at shourt range.

Other ground rules to inhibit rocket firiug due to input noise are also applied.

The gu.dance logic used in the longitudinal (X) direction is illustrated in
figure 3-4, which 1s a phase-plane plot of range and range-rate al.ng the
longitudinal axis. Using the assumed maximum acceleration capability of the
vehicle (ax) as a guide, a pair of paratolic curves, corresponding to constant
accelerations less than a_, can be drawn. These curves represent limits on

the combination of ~ange and range-rate, which determine when thrusting
should be performed. In figure 8-4, the parabolic curves with a larger nega-
tive slope correspond to a mcre rapid (and more dangerous) closure rate,
Use of a lower slope curve corresponds to a safer, more leisurely approach.
As 1n the vertical control mode, a vernier region is provided to allow for
fine control.

The equation describing the desired parabolic curve of the phase-plane of
the longitudinal axis is as follows:

IR| > /KilR - K| =1, 2) (8-2)
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Figure 8-4, Guidance Logic ior Lunar Rendezvous
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where R is the standoff range and K. describes the phase-plane slope (1 =1
i
for the lower acceleration boundary; i = 2 for the upper acceizration bound-

ary).

When the trajectory intercepts the upp.s switching boundary, the rccket
Iiring time is computed:

te=Cl-/KIR-R | +IRI) (8-3)

I a
X

where C = 1.7 for some measure of undercontrol, Iihrust 1s then shut down
when the trajectory is driven to the lower acceleration boundary.

8.4.3 Control

he control system assumed in the study 1s the idealized case of a per-
fectly accurate rocket engine with no time lags or other errors. Although
the results thus obtained are not exact, by elirminating control system errors
attention is focussed upon the guidance system sensitivity to sensor rejuire-
ments and data smoothing, which are of primary corcern in the study.

8.5 ANALYTICAL APPROACH

This subsection consists of a capsule description of the trajectory and
system models developed in the previous sections and the analytical criteria
employed in Volume IIL

8.5.1 Analytical Models

The trajectory and system models used in analyzing rendezvous in Volume
IIl are a: follows:
Traj:ctory Model
“haser initially in 30-kilometer parking orbit uses Hohmann transfer
(180 segrecs) to attain 200-kilometer orbit of target, Active rendezvous
beg.ns at 25-kilometers chaser-to-target range and continues unt:l zero-
veiocity standoff at 50 meters separation, two-dimensional.
Systen. Model
e Observakbles - range, range-rate and angle rate
® Data processing - all raw data is digitaliy smoothed
® Guidance logic - rhrust commands to null out line-of-sight vertical
component, follow phase-plane parabolas in longitudinal component
® Control equipment - assumed perfect
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8.5.2 Aualytical Criteria

The goals of the study were to deterinine sensor accuracies required at
rendezvouvs injection and for the active rendezvous phase. Since the asswnption
of perfect control makes an error correctable, a propellant consumption
critcrion was applied to determine the level of sensor errors that can be
tolera. d.

It is arbitrarily stipulazed that ao sirgle 3¢ injection error shall result in
more than a 2C-percent increase in the Av (incremental velocity) over the Av
required for both velocity pulses of the Hohmann transfer when zero errors
are imposed on the sensor measurements during active rendezvoc.s. The
allowable 3¢ level of any given senscr nieasurement error shall be that
which requires no more than a £0-percent increzse in Av over the nominal
Hohmann transfer. A given injecticn error is used on all runs in determining
allowable sensor errcrs, thereby providing a common basis for comparison.
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APPENDIX A
EQUATIONS OF MOTION AND ASTRONOMICAL CONSTANTS

The gravitational field actisig upor a spacecraft car generaliy be deter-
mined by the following vector equatiorn for the ''n-body problem":

— prR__ ) i Rii i R 1 (1)
=T R PP 5 " IR.|3|R.|3J
—Vvr i;( r f—wv. —Trl

where R is the porition vector, By is the gravitationsl cons:ant of the i

planet, and the subscripts v and r refer tc the vehicie and tke planet at which
the reference coordinate system i3 located. Thus, specification of the gravi-
tational constauts By and tne distances between planets completely specifies

the gravitational fieid. The values used as references in this study are listed
below:

3 .
14) m /secz

Earth gravitational constant i, = 3.936135(10
3
cees 12 m 2
~ Lunar gravitational constant B, = 4.8982(10°7) /sec
20 3 2
Sun gravitational constant K= 1.3253(10 ) m /sec
Earth-moon distance (assumed Rem = 382,830 km
constant)
Earth-sun distance (assumed Res = 1. 4953(108) km
constant)

The formulation of equation 1 assumes thai each of the n attracting bodies
consists of a spherical, homogeneous massive body. The values used for the
radil of the earth and moon are as follows:

Earth radius re = €385 km
Moon radius rmz 1738 km



Actually, equation 1 1s an idealication of the true physical situation ir which
h= attracting bodics are not exactly spherical, nor is their mass uniformly
distributed. Thus, the gravitational attraction of real bodies cannot be exactly
rerrescented by a point source and equation 1 is not exact.

The effect of an assuimed tri-axial figure of the mcon was considered only
in Seciion 5, Volume IlI, which is tiie analysis of the lunar parring orbit and

descent. The equations of motion for this case are derived in Aprendix 6 of
Volume V.
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